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1.0 INTRODUCTION 


1.1 ENERGY NEEDS 

The production and utilization of energy on a significant scale is a relatively recent occurrence in 
human history. It began with the industrial revolution. Industry utilizes energy and employs 
machines to increase human productivity. The advent of industrialization demarcates an economic 
condition of scarcity from one of plenty. Today we use the terms "industrialized” and “non-indus- 
trialized” almost synonymously with rich and poor. 

The development of industry has been fueled by the rapid consumption of fossil fuels that were 
formed over time periods of geologic extent. (In 1976, the world consumed approximately Y7< of 
its total remaining proven reserves of fossil resources.) Within the past generation the finiteness of 
these resources has become of more than philosophical interest: within the past five years it has 
become a pressing problem popularly dubbed the “energy crisis.” If mankind is to continue to 
enjoy the benefits of industrialization, alternative sources must be developed. There are several 
potential options: singly or in some combination. These future energy systems should satisfy the 
following ten requirements: 

(1) The source of the energy should be non-depletable over time scales of at least hundreds of 
years. 

(2> The system should not be capacity-limited, i.e., it should be possible to install as much capa- 
city as is desired. 

(3) The system should permit installation of generating capacity at a rate sufficient to meet the 
combined demand for new capacity and for replacement of obsoleted capacity. 

(4) The system should be usable for baseload, i.e., continuous service. 

(5) The system should produce much more energy over its lifetime than is invested to create and 
operate the system. 

(6) The system should have acceptable economics. In the simplest terms, it should produce 
electric power that consumers and industry can afford to buy. 

(7) The system should be environmentally acceptable in all respects, including air pollution, water 
pollution, thermal pollution, hazards, land use. and any other unique factors associated with 
the particular nature of the system. 

(8) The system should not require excessive consumption of critical resources even to install the 
greatest plausible total capacity. 
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(9) The system should have the potential for compatibility with power grids as regards reliability, 
availability, power characteristics, plant size, and ability to serve all regions of the world. 

(10) The system should admit to an orderly, mangeable development program without excessive 
risk, cost or calendar time required to reach initial commercial status. 

Most of these requirements are self-evident but elaboration of potential capacity requirements is 
important because the scale of these requirements is often not appreciated. The United States in 
1975 consumed a total of 71 Quads, or 2370 Gw-years (see Table 1-1). Of this. 668 Gwy equiva- 
lent thermal energy was used to generate 217 Gwy of electric power (some electric power comes 
from hydroelectric sources, so that the actual thermal energy consumption is less than 668 Gwy). 

The conversions from thermal to electric power in Table 1-1 used the national average heat rate 
(thermal/ electrical equivalence) of 3.04 kwh^/kwhe ( 10.389 Btu/kwIO This applies to conversion 
of thermal energy to electric energy but not necessarily to the reverse. Conversion of electric 
energy to low grade heat energy for space heating can approach this figure, but conversion of elec- 
tric energy to high-grade heat is likelv.to occur at the energy' equivalence of 3413 Btu/kwh. A more 
probable overall average electrical equivalence is about 2 kwh^/kwhe (7000 Btu/kwh). 

The dktribution of energy consumption by use in 1975 is shown in Figure l-l . The figure also 
illustrates the degree to which the nation could electrify if primary energy sources were basically 
electrical in nature. The distribution of energy supplies by source for the year 1976. is shown in 
Figure 1-2. The fraction of our total energy supplies that is imported is large an j increasing. 

The development of new energy sources to fill this need will be a massive undertaking. Relatively 
few alternatives now known offer any hope of meeting the requirements summarized above. One of 
the more promising is the solar power satellite. 

1.2 THE SPS CONCEPT 

An SPS system for utility electric power would include a number of satellites in geosynchronous 
orbit, each with one or two associated power receiving stations on the ground. Receiving stations 
can be located near load centers (weather is not a significant factor). Each will provide at least 
1000 megawatts and possibly up to 10,000 megawatts of baseload electrical output. A satellite 
system is pictorialized in Figure 1-3. Power is transferred from the satellites to the ground stations 
by high-precision electromagnetic beams. The transmissions would presumably use the industrial 
microwave band at 2.45 GHz; an alternative industrial allocation available at 5.8 GHz could be used 
but has received comparatively little attention. 
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Table 1-1 Enerfy Equivalents 
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Figure 1-1 Applicability: The U.S. Can Effectively Electrify 
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A complete SPS operational system is symbolized in Figure 1-4. In addition to the satellites and 
their ground systems it will include: 

A space transportation system capable of delivery of the SPS's to geosynchronous orbit and 
capable of supporting all required space operations needed to establish and mam lair, the SPS 

rstem. 

One or more construction bates, located either in geosynchronous orbit or low Earth orbit, 
caoable of constructing the satellites. Satellite hardware delivered to the construction bases 
will be prefabricated to the extent practicable. 

Maintenance and service bases capable of supporting the maintenance operations required to 
keep the SPS’s operating. 

One or more Earth-based space transportation ports (launch sites) capable of supporting 
spa^e transportation operations. 

One or more space-based space transportation operations support bases, capable of supporting 
space transportation operations This function could conceivably be combined with that of 
either a construction base or a maintenance base. 

Earth-based manufacturing facilities capable of producing the hardware and consumables 
necessary' to transport, construct and maintain the SPS system. 

1.3 SPS TATUS 

The concept of the space-based power station is now about a decade old. the first publications by 
Peter Glaser having appeared in I%8. The early years of concept evaluation and development were 
marked by the virtually single-handed dedication of Glaser and the almost universal ridicule which 
greeted his relatively sober quantitative analyses of potentialities and fundamental feasibility. Pri- 
marilv »hrough his efforts, the concept slowly gained first the recognition and eventually the con- 
currence and support of a portion of the aerospace profession, as represented by its inclusion in the 
AlAA’s Assessment of Solar Energy for Earth, several Congressional hearings, and the NASA 
“Outlook for Space” in which it was identified as one of the major potential future space activities. 

During this period a number of different technical approaches were suggested, including modifica- 
tions of Glaser's original photovoltaic scheme: an active solar-thermal-electric concept and a passive 
satellite relay concept to transmit Earth-generated power over intercontinental distances. All these 
schemes utilized a common mode of power transmission: microwaves. A primary limiting factor 
on all of them was identified very early as the cost of transportation into geosynchronous orbit. 
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The early studies also identified the feasibility of efficient long-range transmission of power by 
microwaves as the most prominent issue affecting eventual feasibility of the concept. Accordingly', 
proof-of-pri -ciple teste were planned by NASA and conducted at JPL in 1975. The test results con- 
firmed the physical principles involved, demonstrating that efficient transfer of energy is physically 
achievable. 

At about this same time ( 1975-76), space transportation system studies funded by NASA were indi- 
cating that unit transportation costs, e.g., m dollars per kg. would reduce to surprisingly low values 
through the benefits of scale and through complete vehicle reusability, if a job of the magnitude of 
SPS were undertaken. Thus one of the chief cost barriers to SPS began to appear sjnnountable. 

These events led to further NASA and industry' studies. Two contracted "SPS Systems Definition 
Studies'* w ere conducted in 1977 under NASA sponsorship: this report summarizes results of the 
JSC-managed Boeing effort. These efforts have more thoroughly defined and evaluated the SPS 
concepts, including support systems. STS advocates are now arguing that this concept has potential 
as a not lepletable energy source, as good as or better than ground-based solar power or thermonuc- 
lear fuuon. NASA and DOE are developing a plan to continue exploration and evaluation of the 
concept over the next three years. The plan primarily includes paper studies of SPS systems and 
their potential environmental and social impacts. 

1.4 STUDY DESCRIPTION 

1 .4. 1 Div ision of Effort 

The study was divided into Part 1 and Part II efforts. The first part was conducted from December 
1976 through April 1977 and the second part from May 1977 through December 1977. 

1.4.2 Study Objectives 

The objectives of the study were as follows: 

Part I 

"Issues To derive specific, comprehensive supporting data necessary for NASA evaluation of the 
following two major SPS system issues: 

(a) What is the overall most effective means of accomplishing solar energy -to-clectrical energy 
conversion on an SPS in geosynchronous orbit? 

<b) At what location (or locations) in space could the various phases of SPS construction and 
assembly be done 1 ’ 


T ransportation To increase the scope and depth of understanding of the space transportation 
systems necessary to support an SPS program." 
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"The objective of Part II of this study is to define the overall SPS system in more detail in order to 
achieve, as a goal, somewhere on the order of a factor of two reductions in the uncertainty of the 
weijdit and cost estimate ranges resulting from the JSC study." 

1.4.3 Gnldefaes and Assumptions 

Guidelines and assumptions used during the course of the study are summarized in Table 1-2. It is 
emphasized that the approach taken to this study was to maximize confidence in results, rather 
than to minimize mass and cost projections hv usine optimistic or far-future technology extrapola- 
tions. This is reflected in the selection of energy conversion systems, in the selection of transporta- 
tion systems, in the mass and :ost estimating techniques, and in the uncertainty analyses approach. 

A significant lactor in overall cost characteristics is the maximum ionosphere beam intensity stated. 
This intensity limit strongly influences the cost characteristics of the ground receiving system by- 
establishing maximum total power that can illuminate a given receiver area. The ground receiver is 
estimated to represent '51 of total cqjts. 


Table 1-2 Guideihies A Assumptions 


GUIDELINES 

• JSC iriMOUSE STUDY USC11S69. THE “GREEN BOOK**) SHOULD BE USED AS 
A POINT OF DEPARTURE. 

• SPS SYSTEM DESIGNED AND ANALYZED SHOULD REPRESENT THE EARLY 
PART OF A MATURE OPERATIONAL PROGRAM. 

• SPS SYSTEM DESIGNS SHOULD MAXIMIZE CONFIDENCE IN RESULTS RATHER 
THAN MINIMIZING MASS AND COST THROUGH MAJOR TECHNOLOGY 
EXTRAPOLATIONS. 

ASSUMPTIONS 

• INITIAL SPSS OEPLOYEO IN 1990‘S 

• 1977 DOLLARS THROUGHOUT 

• SPACE TRANSPORTATION OPERATIONS KSC-8ASE0 

• SPSS OPERATE AT GEO 

• NOMINAL DESIGN OUTPUT 10,000 MEGAWATTS THROUGH TWO MICROWAVE 
LINKS AT Z45 GHz 

• MAXIMUM INOSPHERE BEAM INTENSITY 23 MW/CM? 
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2.0 SYNOPSIS OF STUDY RESULTS 


2.1 FINDINGS 

The most significant study results are summarized in Table 2-1 . The study concentrated on maxi- 
mum confidence system designs with the result that the SPS, rather than being a mid-21$t-century 
system, should be achievable by the year 1000. The base technology is in hand. After a modest 
technology verification effort of 3 to 1# years duration, full scale development could begin and 
would provide a mainstream energy system of great potential. 

2.2 DESIGN EVOLUTIONS 
2.2.1 Configurations 

Figure 2-1 illustrates the design evolutions in the two principal types of SPS systems and space 
support systems. 

0 

The photovoltaic SPS began with the JSC truss configuration, employing a geometric concentration 
ratio 2 as defined by JSC- 1 1 568. This configuration was designed on the basis of beginning-of-life 
output capability. The initial step was to resize the configuration to allow maintenance of output 
capability throughout its thirty-year design life. The resulting configuration (shown next in the 
figure) employed periodic array addition to maintain output. 

At the completion of Part I of the study, a total of 10 photovoltaic configurations had been defined 
as shown. These included silicon and gallium arsenide energy conversion at concentration ratios 1 
and 2, using various power maintenance methods. Significant risks associated with gallium avail- 
ability were identified for the gallium system, therefore, the lowest cost silicon system was selected 
for continuance into Part II. This configuration employed concentration ratio 1 and in situ anneal- 
ing of the solar cells for power maintenance. 

Further analyses of the interactions of the various sizing limitations and of array performance 
allowed a slight reduction in system size for the final configuration. Division of the satellite into 8 
modules is also indicated in the figure. The system output, with the optimum rectenna size, was 
reduced to 9.3 GW as a result of final definitions of the efficiency chain. (For convenience in 
finalizing the point design data, the configuration was frozen with a given amount of electrical 
power crossing the rotary joint. When the efficiency chain analyses were completed, including a 
95% power interception efficiency for the optimum rectenna size, the resulting output was 9.3 GW 
total.) 
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SPACE TRANSPORTATION - UM COST DUE TO TRAFFIC LEVEL. NOT REM TECHNOLOGY 
OPERATIONS 
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SPS SYSTEM COSTS - POWER COST 4 TO 5 t/kwh; COMPETITIVE WITH FOSSIL 

SOURCES BV YEAR 2000 

- SYSTEM DESIGN FLEXIBILITY KEY TO COST CONFIDENCE 



Figure 2-1 SPS System Definition Study Design Evolutions 
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The thermal engine analyses began with the 10 GW Brayton system as defined under an earlier con- 
tract. Early in this study, an analysis of available (but old) data on plastic film reflector degradation 
in the space environment suggested that a 30% degradation might occur. Consequently, the concen- 
trators were enlarged. The configuration was also geometrically changed to improve the efficiency 
slightly. As the Part I study proceeded, significant difficulties were encountered with development 
of a construction concept for the large 4-module Brayton SPS. The configuration was divided into 
16 modules of trough-shaped concentrators as shown under “constructionized Brayton.” 


During Part I, Rank me and Therm oinic systems were also evaluated. Thermoinic systems were soon 
dropped because of excessive mass and consumption of scarce resources. The Rankine systems eval- 
uated many potential working fluids and finally selected potassium as the most practical. Initial 
evaluations indicated the potassium system to be more massive than the Brayton system. However, 
a cycle temperature ratio optimization indicated that the Rankine system could operate at consider- 
ably lower temperatures than the Brayton system while still exhibiting a lower overall mass. The 
penalty paid for this operating characteristic is a somewhat lower end-to-end system efficiency, 
resulting in a larger concentrator. Since the concentrator unit mass is relatively small, even though 
the system is larger, it is less massive overall than the equivalent Brayton system. Additional design 
changes introduced at this point involved the elimination of steerable facets from the concentrator. 
By flying the system perpendicular to the ecliptic plane, i.e., always exactly facing the sun. it is pos- 
sible to use reflector facets that are aligned on initial installation without further adjustment or 
active Peering. 

Toward the end of the study, new information became available on plastic film reflectors indicating 
that degradation would not occur and the final system configuration was, therefore, resized to 
reflect nondegradation of the concentrator. 

The principal evolution of space transportation systems concepts was in the launch vehicle element. 
The study bega; with the 230-ton payload heavy lift launch vehicle at a projected cost for transpor- 
tation to orbit of S33 per kilogram. This cost included an expendable shroud. Packaging studies 
conducted during the study indicated that payload densities of approximately 75 kilograms per 
cubic meter could be achieved, making possible a reusable shroud. Staging optimization studies also 
led to a larger booster for the upper stage resulting in a 400-ton heavy lift launch vehicle that went 
through the evolution shown: Initially, a conical vehicle, later a more cylindrical vehicle, with the 
addition of a two-stage winged vehicle option based on earlier JSC studies of a very similar 
configuration. 

Studies of chemical orbit transfer vehicles included space-based and Earth-launched options, but the 
orbit transfer option taken from the Future Space Transportation System Analyses study, a two- 
stage fully reusable space-based option, was indicated to be least cost and was retained. Resizing 
from the FSTSA study was accomplished to match the payload capability of the OTV to the HLLV. 
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Considerable investigation of the means of moving the SPS hardware itself from low Earth orbit to 
geosynchronous orbit continued to indicate a significant cost advantage to the self-power concept. 
Shown at the end of the space transportation configuration evolution is a I / 8 size photovoltaic 
module with 25% of the solar cells deployed for power generation, and equipped with propellant 
tanks and electric thruster systems to allow this module to transport itself from low earth orbit to 
geosynchronous orbit in approximately 6 months. 

The evolution of construction concepts began with equipment concepts for structure construction, 
installation of solar cells, and installation of power conductors. The initial construction base con- 
cept was for construction of a concentration ratio 2 satellite and included rather little detail other 
than overall size and shape. As a result of the configuration selection for Part II of the study, the 
construction base was altered for construction of concentration ratio 1 satellites. This construction 
base concept went through further evolution to the arrangement shown at the lower right hand cor- 
ner of the figure. In this illustration, most of the structure is shown blocked in with structural 
detail shown only on one small portion of the construction base. This construction base includes 
capabilities to construct satellite modules and transmitter antennas. Analogous construction base 

concepts were developed for the thermal engine system also, but are not shown. 

0 

2.2.2 Mass Histories 

The mass estimate history for the photovoltaic SPS, through the conduct of the system definition 
study, is shown in Figure 2-2. (SPS- 1399) The point of departure estimates came from the JSC 
“green book". (JSC-1 1 568). Energy conversion system detailed mass estimates were available by 
the Part I mid-term. The principal reason for increase was the addition of borosilicate glass covers 
on the solar cells, increasing the unit mass of the solar blankets substantially. 

Some reduction of structur • mass for the energy conversion system resulted in the values shown for 
the Part I final. During this time, an arbitrary 50% mass growth allowance was carried. With initia- 
tion ot Part II of the study, effort was begun on the power transmission system. By the mid-term 
of Part II. detailed mass estimates were available. These mass estimates resulted in a significant 
increase in the power transmission system mass primarily due to requirements determined for ther- 
mal control systems. At this time also, a mass properties review suggested that with the availability 
of comparatively detailed mass estimates and the general lack of escalating factors internal to the 
SPS design, a 25% mass growth allowance would be more appropriate. During the final part of the 
Part II effort, a detailed uncertainty analyses was conducted and predicted . lass growth of 26.6%. 
This growth allowance was incorporated in the final mass statement. 
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Figure 2-2 Reference Photovoltaic SPS Mass Estimate History 
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The thermal engine mass estimate history shown in Figure 2-3 (SPS-1398i goes back to Boeing 
IR&D work conducted beginning in 1972. The specific values shown for )07.' and 1975 c me from 
Boeing papers published in the technical literature. These papers did not address the mass of micro- 
wave power transmission systems and early estimates available from the literature were quite 
optimistic. 

The point-of-departure mass estimate represented tiu first completely integrated thermal engine 
design with all interrelationships in this complex system properly represented. The power trans- 
mission system mass at that time was taken from Raytheon publications. Biuyton system cycle 
optimization brought the mass down slightly by the Part I mid- term, where also the JSC microwave 
power transmitter mass was adopted. By the Part I final, additional mass reductions resulted from 
the adoption of the lb- module configuration as compared to the 4-module configuration. 


The continuing reduction in energy conversion mass was due to first, the switch to the Rankinc 
system and secondly, elimination of the oversized concentrator originally thought necessary to 
compensate for the degradation of plastic film reflectors. The power transmission system masses 
for the thermal engine and photovoltaic systems are equivalent. The uncertainty analysis predicted 
a 20'- mass growth for the thermal engine system, less than for the photovoltaic system, as might 
be expected due to the somewhat greater maturity of the technology. 



DEC 7* 

Figure 2-3 Reference Thermal Engine SPS Mess Estimate History 
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3.0 STUDY ACCOMPLISHMENTS AND RESULTS 


3.1 PART I ISSUES 

3.1.1 Energy Conversion 

The evaluation effort included all energy conversion options known to be of potential interest for 

the SPS applications: 

( 1 ) Silicon single crystal photovoltaics; 

(2) Gallium arsenide single crystal and thin-film photovoltaics: 

(3) Other thin-film photovoltaics; 

(4) Themia 1 engine Rankine closed-cycle vapor turbines, with several working fluids under 
consideration; 

(5) Thermal engine Brayton closed cycle gas turbines; 

(6) Thermionic direct thermal conversion. 

Certain known options were not included: 

( 1 ) Thennoelectrics rejected on elementary' considerations of efficiency, materials consumption, 
and waste heat rejection. 

(2) Magnetoplasmadynamics rejected on grounds of problems in attaining the necessary working 
fluid temperatures by solar heating. 

(3) Direct thermal conversion by electrostatics-insufficient data available for this recently- 
proposed thermal engine. 

(4) Thermophotoltaies rejected on consideration of overall efficiency and problems of waste heat 
rejection. 

The principal energy conversion conclusions at the completion of Part 1 were as follows: 

( 1) Conversion efficiency and resulting SPS size (at fixed output) tended to favor the Brayton gas 
turbine and gallium arsenide photovoltaic options. A size comparison of the options investi- 
gated is shown in Figure 3.1-1 (Part I. Vol. 1., Fig. 1-9). Size, however, was not seen as a 
primary decision factor. 

(2) Much more important was mass. It is a significant cost factor, especially for hardware that 
must be delivered to space. Here again, gallium arsenide looked good, with all of the options 
except thermionics in an acceptable range, as shown in Figure 3. 1-2 (Part I. Vol. I. Fig. 1-10). 
Of the various Rankine c) le working fluids, only the alkali metals were compatible with the 
high cycle temperatures essential to neat rejection system mass in the acceptable range. (Water, 
i.e.. steam Rankine. is compatible from the fluid thermal stability standpoint, but a steam sys- 
tem operated in the minimum-mass temperature range is essentially a Brayton gas cycle ) 
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S'Zt FAVORS GALLIUM ARSENIDE A BRATTON BUT IS NOT A 
STRONG DISCRIMINATOR 
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Figure 3.1-1 Energy Conversion Comparison SPS Size 



Figure 3.1-2 Energy Conversion Comparison SPS Mass 
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(3) Radiation degradation of solar cells, especially silicon, was known to be a serious problem. 

The amount of degradation depends on the amount of shielding provided, e g., by coverglasses. 
(Attempts to provide lighter weight plastic covergla-* s have to date been unsuccessful because 
the plastics become opaque tn the geosynchronous ..otnbincd radiation and uv environment.) 

It has long been known that radiation damage in silicon solar cells can be largely annealed out 
by hcjfing to ~-500°C. Tins normally would be done by bulk heating. Recent developments 
had indicated, however, that directed energy pulse heating co ,,M I- used As a part 

of this study, under subcontract. Simulation Physics (now SPIRT. Inc.) conducted exploratory 
laser and electron beam annealing tests on severely irradiated solar c-'lls provided by Boeing. 
Approximately 50/1 of the cells' lust performance was recovered in these tests. It is belie\ed 
that further development and optimization of the process could approach 90 . recovery. 
Accordingly, an annealable blanket design (compatible with annealing temperature) was 
selected as the reference design for Part II. 

(4) The more complex thermal engine systems were found to be more difficult to construct, but at 
this point in the study, differences in constructability were not viewed as particularly 
significant ail configurations were constructable. These differences were later to emerge as a 
strong decision factor. 

(5) If SPS's arc to be installed on a large scale, availability of raw materials could be a significant 
issue. Materials availability was a strong negative factor for the thermioi.ics option. Con-id- 
ered together with excessive mass, the negative factors were judged to be a conclusive reason to 
discard thcrmionics. Materials availability uls " imposed significant design constraints on the 
other thermal engine options, which benetV from the use of exotic meta’ . at itign tempera- 
tures. Tungsten, tantalum, and molybdenum were eliminated. Molybdenum itself is not 

(ally scarce, but must be alloyed with rhenium for ductility: rhenium is very scarce. 

rials issues were primary in the ultimate selection of potassium Rjnkinc as the preferred 
thermal engine. This selection, however, did not occ. until f art li. 

The availability of gallium also emerged as a major issue This controversy continues to the 
present day, with gallium arsenide advocates insisting that there is "no problem" and skeptics 
arguing that the problem is insurmountable. Our evaluation is as follows /ftliin film gallium 
arsenide cells, c.g.. on a sapphire substrate, arc used with moderate sunlight concent: tion. and 
//moderately optimistic gallium availability estimates arc used, the problem is at least work- 
able. as illustrated m f igure 3. 1-3. ( Hie cells must be about 5 /am thick on a substrate of some 
other material, l he pity sics of gallium arsenide photovoltaic s ’ vs not preclude Mich cells 
being efficient, (iallium arsenide cells presently tn experimental pi .uction are conventional 
in thickness, e g., 100 /am or more. I In view of this issue and the as- ated technology 
advancement requirements, this study backed away from gallium arsenide as a primary candi- 
date. It is still so regarded, however, by some investigators. In summary . from the resources 
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ANNUALLY AVAILABLE 
GALLIUM FROM U.S. PRODUCTION 
OF ALUMINUM AND COAL 
FLY-ASH 



Figuit 3.1-3 Reduction in GaMum Required for CR > 2 System 
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standpoint, the silicon system was most favored, thermal engines were readily workable with 
appropriate design constraints, and gallium arsenide was probably workable with advanced 
technology. Some of the other thin- film photovoltaic approaches (e.g., copper indium 
selenide) were rejected due to resources consid- iations as was the therm ionics thermal engine. 


(6) Technology advancement requirements figured importantly in the eventual selection of pre- 
ferred systems as well as in the Part I screening stage. A major increase in the scale of space 
operations must be brought about to install SPS’s at a rate of practical interest. Although the 
technical advancements required in systems and subsystems are quite modest, the required 
advances in operations technology may be compared to the advances in aircraft operations 
technology that occurred with the introduction and expansion of the jet age. it is prudent to 
restrict areas of major technology advance to as few as possible to maximize chances of pro- 
gram success. There was. therefore, a strong motivation to minimize the technological advance 
required in energy conversion. Silicon photovoltaics and the turbogenerator options fitted this 
prescription; the other options did not. 

(7) Cost is the overriding factor in design seiec Jon for any system intended for commerci tl appli- 
cation. with financial risk a close second. All other parameters are of little significance (Most 
of the foregoing factors appear or the i o>i risk balance sheets.) At the conclusion of the Part 
1 effort, the silicon photovoltaic and Brayton thermal engine were judged to be essentially 
equal in cost (Figure 3.1-4) and. as noted above, quite comparable in risk. The gallium 
arsenide option exhibited appreciable potential cost advantages, mainly resulting from mass 
and size reductions, but these potentials were heavily overshadowed by the materials availa- 
bility and technological risk concerns already discussed. 

Silicon systems at concentration ratio I (i.e., no concentration) and 2 were evaluated. Because 
concentration is relatively ineffective with silicon due to temperature effects the simpler no- 
concentration configuration was found to be least cost. Higher olar cell costs improve the 
benefits of concentration, but these benefits are net positive only when solar cell costs are high 
enough to make the thermal engine option a relatively uncontested winner. This conclusion 
does r. .t necessarily apply to advanced-technology gallium arsenide options. 

The net result of these considerations was a decision to cany the silicon CR=1 and Bray ion 
energy conversion optiens into Part II as primary candidates. General Electric, our major sub- 
contractor in this study, expressed the strong opinion that the Brayton-versus-potassium- 
Rankine tradeoff had not been adequately worked. It was therefore agreed that this matter 
would be re-examined in greater depth as a priority item early in Part II. 
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Figure 3.1-4 Cost Differential Factors as Determined by Study Part I 
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3.1.2 Constroction Location 

The principal construction location conclusions at the end of Part I were as follow-, 

(1) The primary component of the issue was transportation related. The payoff for low Earth 
orbit (LEO) construction is the enabling of the self-powered mode for LEO to geosynchronous 
Earth orbit (GEO) transportation at the very high specific impulse available through electric 
propulsion. The propellant requirement for LEOGEO transportation shrinks from the pre- 
dominant requirement to a relatively incidental requirement, from 2. 1 tons per ton delivered 
to GEO to about 0.25 tons per ton. 

(2) The essence of the tradeoff was a factor of 2 reduction in launches to low Earth orbit for LEO 
construction as compared to GEO constroction. versus an array of difficult-to-quantify opera- 
tional complexities and concerns. 

(3) Most important of the problematical operational factors associated with the electric propulsion 
mode arc: 

(a) Trip times on the order of six months, compared with less than one day for the high- 
throst LOs/LH > systems associated with GEO construction. 

(b) Radiation degradation of the SPS from exposure to the van Allen belts during the slow 
transfer. 

(c) Modularization of the SPS. necessary for attitude control authority in the presence of the 
strong gravity gradients at LEO. 

(dl Conversion of the SPS modules into powered spacecraft capable of executing the transfer. 

(e) The risks of collisions with man-made orbiting objects during the LEO construction oper- 
ations and during the slow spiraling transfer from LEO to GEO. 

(f) Upper atmosphere drag affecting the LEO construction operations. 

(gi Operational hardware and software complexities ensuing from low -thrust orbit transfer 
operations. 

At the conclusion of the Part 1 effort, the reduction in LEO transportation cost w as judged to over- 
whelm all other factors. The overall reduction in system cost, however, was on the order of 107. 
The predominant penalty on LEO construction was the added interest cost chargeable to total capi- 
tal cost as a result of the six month transit times. The investigations of collision hazards w as incom- 
plete at this point. 
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3.1.3 Part II Findings Relative to Part I Issues 

The issues addressed during Part I of the study are fundamental and permeate all aspects of system 
design and selection. 

As a result, although narrowing of options, clarification of sub-issues, and focusing of attention was 
achieved, complete answers were not obtained during Part I. As an example, complete definition of 
hardware packaging densities and transportation, construction operations options was not achieved 
until the power transmitter (excluded from Part U was taken into account. 

During Part II. the following major conclusions were obtained relating to the Part 1 questions 
( 1 ) Continuing comparative evaluation of potassium-vapor Kankine cycle systems versus inert gas 

Bray ton systems led tn a preference for the Rankinc system because. 

(a> The Rankinc system mass-optimi/es at somewhat lower mass and much-reduced radiator 
area. 

(hi The Rankine system is practical, e g., in terms of hardware mass, at cycle temperature 
limits generally in the superalloy range, whereas the Brayton systems were dependent on 
refractory metals or ceramics. Strong implications are present here for technology 
advancement requirements and resource consumption. 

(cl The Rankine system exhibited good performance at relatively low < circa 30 megawatts'! 
per-engme power ratings. By way of contrast, the Brayton engines are sensitive due to 
blow-by tolerances on turbomaehinery and needed to be sued greater than 300 mega- 
watts per engine nic higher temperatures and power levels required for the Brayton 
engines haw significant cost implications regarding developmental test facilities. 

As a result, and due in no small wav to the General Electric Subcontract effort, the Rar.kine 

potassium vapor cycle was selected as the preferred engine. 


[ 2 ) Further analysis of transportation and construction operations differences between the thermal 
engine and photovoltaic options began to reveal significant differences in operations cost. 
Although differences in satellite mass and cost continued to be unimportant, differences in 
construction crew si/e. facility cost, and payload packaging densities emerged as decision 
drivers as synopsi/ed in Table 3.1-1. Consequently, an overall preference for the silicon photo- 
voltaic sy stem gradually became quantifiable. 
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Table 3.1-1 

Operations Cost Drivers Favor Photovoltaic? 

SILICON RANKINE 

PHOTOVOLTAIC THERMAL ENGINE 

Construction 540 8 1 5 

Crew Size 

Space Construction 8.2 Billion 12.4 Billion 

Base Cost 

Net Packaging 95 kg/m^ 65 kg/nr* 

Density 

This preference is small, however, with respect to possible uncertainties in solar cell costs, as 
shown in Figure 3.1-5. Therefore, although we recommend the silicon photovoltaic system for 
preferred concept selection, the Rankine thermal engine should be carried as a backup to 
hedge against solar cell cost uncertainties. 

(3) Construction in low Earth orbit continued to show a ten percent cost advantage. Practical 
measures were found to avoid collision with any observable man-made objects for which 
epemerides are predictable. A refined analysis of system degradation during one 180-day 
transfer through the van Allen belts revealed no substantive differences from the earlier more 
parametric analyses. All operational and other LEO/GEO differences were at least roughly- 
quantified as summarized in Table 3.1-2. LEO construction offeis recurring and nonrecurring 
cost advantages and is recommended as the preferred concept selection. 

3.2 MAIN PART II RESULTS 

The primary objective of Part II was to accomplish as much system definition as possible within 
the available study resources. As much reduction as possible in mass and cost uncertainty was the 
desired outcome of the effort. Dr. George Hazetrigg of ECON has observed that reduction of uncer- 
tainty can be economically more important than the projections of low mass and cost that can be 
derived by adoption of advanced-technology assumptions. An economic determination of next pro- 
gram steps can best be made when uncertainties are minimized. 

3.2. 1 Microwave Power Transmission 

The interface requirements and performance of the microwave power transmission system are the 
keys to an integrated system definition. The performance of the power transmission system estab- 
lishes overall system sizing and output: the electric power condition requirements of the RF power 
amplifiers determine the voltages and currents to be produced by the energy conversion system. 
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3.2.1. 1 Power Transmission: Principles of Operation 

The long-range transfer of power from the SPS at geosynchronous orbit to a receiving station on 
Earth employs the principles of free-space propagation of electromagnetic waves. Narrow beams are 
more familiar in terms of light sources than in terms of radio-wavelength sources. With large aper- 
ture RF source?, however, narrow beams can be created. 

Effective production of a narrow beam requires production of coherent planar wavefronts at the 
transmitter aperture. If this can be done, the properties of the resulting beam are suitable for effi- 
cient energy transfer. The field produced by such a transmitter includes a near-field region where 
no appreciable beam divergence occurs, and a far-field region with beam divergence. For SPS trans- 
mitters of practical interest, the beam will have far-field characteristics at Earth. The applicable 
aperture theory shows that for an ideal antenna (no errors in producing the desired wavefront), the 
product of areas of the transmitting and receiving apertures is a constant : 

a t a r » 

(See Figure 3.2. 1-1 ) 

H is range, i.e.. 37 X 10^ m 
X is wavelength, i.e., 0. 1 224 m at 2450 Mhz 

K is a constant depending on the transmitter illumination pattern as discussed below-: it varies from 

1.2 to 1.8 for typical SPS transmitters. With K - i.5. and a transmitter area of 10 m* ( ! km~). the 
expression above yields Ar = 1 14 X 10^ m~. Thus the sizes of transmitter and receiver required to 
effect an efficient energy transfer from geosynchronous orbit to Earth are large, but not beyond 
engineering techniques now realizable. One can. of course, consider making the transmitter larger 
and the receiver smaller or vice versa. The correct sizing is a constrained cost optimization problem 
as discussed below in Section 3.2. 1 .5. 

The simplest illumination pattern for a transmitter is constant RF power density across the entire 
aperture. One might imagine this also to be the best, but it is not. Some of the energy transmitted 
does not fall within the main beam, but is scattered into rings of "sidelobes.” The intensity of these 
sideiobes and the total energy so lost is a function of the illumination pattern. For a constant illu- 
mination pattern. Ib'T of the energy is lost and the first sidelobe (the ring nearest the main beam) 
has a peak intensity I /50 of the maximum beam intensity at the center of the beam. 

3.2.1 .2 Characteristics of Power Transmission Beams 

This discussion of beam patterns requires familiarity with the term “decibel " The decibel is a rela- 
tive logarithmic measure such that 0 db is a unit factor. 1 0 db is a factor of 1 . 20 db is a factor of 
100. 30 db is a factor of 1000. and so forth. Thus, a statement that a sidelobe is “34 db down" 
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Figure 3.2.1-1 Transmitter Beam Spatial Distribution 
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means the sidelobe intensity is 10'^'*® = 10'^“’ = 1/2512 of the main beam maximum intensity. 

A “10 db taper" means that the transmitter RF intensity at the edge of the transmitter is 1/10 that 
at the center. 

As noted, the uniform illumination pattern is not the best. Illumination patterns which maximize 
intensity at the center of the antenna, tapering off to lower intensities at the outside, reduce scat- 
tered energy and reduce sidelobe intensity levels. (Taper patterns varying both intensity and phase 
arc possible.) The investigations in this study considered mainly intensity (amplitude) variation. 
Many pattern and shapes have bee * investigated and proposed for illumination tapers. Within the 
design constraints that exist for the SPS power transmission system, a truncated gaussian taper is 
about as good as any of the alternatives. The taper is ordinarily described by expressing the ratio of 
power intensity at the center of the antenna to that at the edge, in terms of decibels. Figure 3.2. 1-2 
illustrates several power iiP.usity tapers with all cases adjusted for constant beam diameter on the 
ground. The ideal beam efUJer.cics for these tapers are also shown. This is the fraction of total 
radiated power in the centra) beau:. Figure 3.2. 1-3 shows the degree of sidelobe intensity suppres- 
sion as a function of transmitter intensity taper. 

For gaussian illumination patterns the power beam intensity distribution at the receiving point is 
also approximately gaussian in shape. Intensity is maximum at the center of the beam and tapers off 
rapidly to the first null with successively lower sidelobe levels as distance from the beam center 
increases. Note that the scale used in Figure 3.2. 1-3 was logarithmic and that most of the main 
beam is at relatively low intensities. TV-s is better illustrated in Figure 3.2. 1-4. using a linear scale, 
linear scale. 


Patterns which vary both in intensity and phase at the transmitting antenna can provide beam 
patterns at the ground that have a more constant intensity distribution in the main beam while 
retaining desirable levels of sidelobe suppression. The simplest such pattern is one that provides a 
reversed phase ring around the main part of the antenna. This and the related techniques require 
that the transmitting antenna be considerably larger for a given beam diameter at the receiving 
point. Figure 3.2. 1-5 shows a typical pattern achievable with a reverse phase ring around the 
antenna. Further slight improvements in beam characteristics can be provided by using a continu- 
ous phase distribution, rather than a simple phase reversal. 

The issue of which pattern to use, or how much taper, may be a cost optimization or it may be 
dictated by design constraints, as discussed below in section 3. 2. 1.5. 
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3.2. 1 .3 Transmitter Design Concept 
Overview 

The main features of the power transmitter design are illustrated in Figure 3.2. 1-6. The basic power 
amplifier element is a 70 kw heat-pipe-cooled klystron. Each transmitter element includes one 
klystron, its control and support circuitry, its thermal control equipment, its distribution wave- 
guides and its section of radiating waveguide. The subarraj is the basic Earth-manufactured unit. It 
is approximately 10 meters square and will contain from 4 to 36 klystron elements. The subarrays, 
in turn, are integrated into the overall transmitter. Each transmitter includes 6.932 subarrays sup- 
ported on a two-tier structure. At the back of the structural assembly are the power processors that 
provide the necessary voltage changes and voltage regulation required by the RF systems. Approx- 
imately 15% of the total power is processed, the other 85% being used directly by the klystrons 
without processing or regulation. Power interrupters and switch gear are provided for all power sup- 
plied to the transmitter, so that the sector supplied by any power processor assembly can be 
isolated or shut off in the event of failures or malfunctions. 

The power transmitter design illustrated is an integrated design meeting the structural, thermal, 
electrical, and RF requirements of the SPS power transmission system. 

The principal features of the power transmission system are indicated in Table 3.2. 1-1 . The refer- 
ence system employs a 10 dB taper in ten steps with an option being a fourteen-step. 1 7-dB taper 
providing an additional 10 dB of sidelobe suppression. 

Klystron RF Generators 

The klystron design was selected using the following criteria: 

• Power level of 70 kw compatible with a maximum voltage of 42 kv and a pervcance 
(Io/Vo^'-) of 0.25 x 10' ( \ resulting in high efficiency. 

• RF Design: Single second harmonic bunching cavity resulting in short interaction length; 6 
cavity design to give 40 db gain i.e.. feasibility of solid state driver. 

• Focusing: Body-wound lightweight solenoid for low risk and high efficiency. 

• Cathode: Coated powder or metal matrix, medium convergence cathode to obtain an emission 
of = 2 00 ma/cm _ for 30 year life to emission wearout.; 
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• Thermal Design: Heat pipe with passive radiators to obtain the desired CW level with conserva- 
tive heat dissipation ratings. 

• Auxiliary Protection: Mediating anode to provide rapid protection shut off capability at the 
individual iube level, expected to obviate the need for crow-bar type of turn-off. 

The tube design concept is shown in Figure 3.2.1 -7. 

The use of a klystron appears to require a heated thermionic cathode. Assurance of 30 year r.f. 
transmitter life will require continued testing and assessment to provide a credible data base from 
which to select either a cold cathode or a thermionic cathode operation. High secondary emission 
cold cathodes (Beryllium Oxide) have best known life of 1 8.000 hours and require oxygen replen- 
ishment. Best platinum cathode data is currently 10.000 hours at 5 (JHz. Best thermionic cathode 
life data, for the Intelsat transmitter TWTs and BMEWS. is over 50,000 hours and cathode wearout 
due to emission can be designed to be 30 years with conservative current density as shown in Figure 
3.2.1 -8. The .andidate thermionic cathodes are a proven oxide cathode operating below 900°C and 
a tungsten matrix cathodes at slightly over I00Q°C. Actual cathode testing should be conducted 
in a realistic cathode-tube environment, not just a test diode. The SPS tube parameters aie com- 
patible with conservative cathode ratings with a cathode-to-bc3m convergence of less than 50. 

To avoid excessive infant mortality, a bum-in period is reconfmnended, which may be possible in 
space. The question of open envelope operation requires further assessment of space contaminants 
and can offer significant cost reduction if realizable. 

Design Integration 

An actual antenna design for SPS requires that the selected taper pattern be quantized in intensity 
level steps. Each step represents a specific subareay configuration in terms of numbers of klystrons 
on the subarray and arrangement of RF power distribution to the radiating waveguide “sticks." It 
is clear that each subareas must have an integral number of radiating waveguide sticks, and an inte- 
gral number of klystrons. 

Also each radiating waveguide must be an integral number of wavelengths long in order for the 
standing wave configuration to function at maximum efficiency. Thus, there are only certain per- 
mitted solutions to subairay size, numbers of klystrons per subarray, and waveguide stick arrange- 
ments. Fortunately, some of tire permitted solutions fall closely within the bounds of our earlier 
notions as to what a subarray si/e should be and what a typical klystron power level should be. 
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A subarray consisting of 1 20 radiating waveguide sticks, each 60 wavelengths long, is approximately 
10 meters square, and can he divided into N by M elements, each fed by one klystron, where N and 
M can each be any integer from I to 6. Therefore, a maximum power density subarray would be 
6x6 elements with 3o klystrons and a minimum power subarray would be one large element fed by 
one klystron. With the 70 kilowatt kly stron, selected for its compatibility with the desired bus volt- 
age of 40 kilovolts, the maximum power density subarray has the power density needed at the 
center of the antenna with 10 dB taper, and its thermal dissipation „t the heat rejection tempera- 
tures selected is just within the limitations of thermal radiating area available. A minimum power 
density subarray with 4 klystrons then provides approximately 10 dB of taper and this was adopted 
as the reference design. 

The waveguide configuration is shown in cross-section in Figure 3.2. 1-9. This configuration was 
selected on the premise th?t waveguides would be assembled in orbit; it provides liigii packaging 
densities. Ground-based asse mbly has since been selected. This and the tolerances required to mini- 
mize losses indicate that a rectangular stick configuration should be used. 

The actual configuration of power density rings is illustrated in Figure 3.2. 1-10. a view of one- fourth 
of the radiating face of the antenna. Listed for each step are the number of modules per subarray. 
the number of subarrays of th t type and the number of kKstrons in that step for one antenna 

To meet all of the design constraints shown previously, a power taper was achieved using the ten 
quantized steps available that would provide a ground output of 5.0 GW for a 1 .00 kiiometer diam- 
eter transmitter antenna with a °.5 dB power density taper 

The MP I S power distribution system shown in Figure 3.2. 1-1 1 provides power transmission, condi- 
tioning. control, and storage for all MPI S elements The antenna is divided into 22S power control 
sectors, each sector providing power to approximately 420 klystrons. The two klystron depressed 
collectors which require the majority of supplied power jre provided w ith power directly from the 
power generation sy stem to avoid the dc dc conversion losses. All other klystron clement power 
requirements are provided by the IX IX' converter. System disconnects are provided tor isolation 
of equipment for repair and maintenance. 

Promising alternate candidates for the radiating elements of the spaceborne transmitter arc show n 
in Figure 3.2.1-12 

• Cylindrical l ens Horn Array 

• Traveling Wave Fiul Fire Array 

• t nhancvd Slot Moment 

The tensed horn exhibits extremely high efficiency as a result of the lens in the horn aperture. 

The traveling wave end fire array provides an open structure which is thermally transparent. 
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Using enhancing elements on each of the radiating slots in a planar array reduces mutual coupling 
and consequently losses due to edge effects. Although some of the other options are promising, 
structural complexity or increased mass have reinforced the selection of the slotted waveguide for 
the reference design for this phase of the study. 

Actual Transmitted Beam Patterns 

The left-hand plot in Figure 3.2. 1 -13 illustrates the 10 step. 9.5 dB taper for the reference system. 
The right-hand plot shows the actual power density delivered to the ground by this taper pattern 
including the first 4 sidelobes. The reference taper is shown in solid lines and optional ways of pro- 
viding the same amount of taper are shown as dotted lines. As can be seen, differences between the 
reference and the options are slight. The performance closely approaches the ideal continuous taper. 

The sidelobe suppression provided by the reference system is 24 dB resulting in a first sidelobe at 
0.1 MW/cm-. The ideal beam efficiency is 96.5 f f. (If there are no errors in the production of the 
beam, 96.5'T of the energy is in the main lobe with the remainder in the sidelobes.) 

It may be desirable to provide additional sidelobe suppression. The pattern shown in Figure 

3.2. 1- 1 4 provides an additional 10 dB of sidelobe suppression resulting in a first sidelobe level of .01 
■> 

MW/ cm - . The 1 7 dB power taper is quantized in 14 steps and a slightly larger antenna is required 
to accommodate the additional power taper without excessive thermal power dissipation at the 
venter of the array. 

A numerical integration technique was used to calculate th.* radiation patterns. It was established 
that the sidelobes for the quantized 10 dB Gaussian tapered distribution rolled off at a 50 dB/ 
decade of angle rate. Figure 5.2.1-15 shows the first five sidelobes and the average power line 5 dB 
below the peaks. The error plateaus were computed from the assumed error magnitudes and the 
number of subarrays associated with tl ree different subarray sizes. The aperture efficiency was also 
obtained by numerical integration. The subarrav roll-off characteristics were obtained by numer- 
ically integrating the square aperture distribution for each of Id different cuts over a 45 degree 
sector. These cuts were then averaged to give the pattern shown. The resultant subarray sidelobes 
also roll off at a 50 dB/decade of angle. 

Failures have an influence on transmitter performance. Individual klystron failures will result in a 
random thinning of the array and have little effect on the beam pattern if the number of kiystron 
failures is acceptable from the power loss standpoint. Failure of a dc/dc converter, however, would 
shut down 420 klystrons all in one location. Consequences of a dc/'dc converter failure are shown 
in Figure 3.2.1-16. 
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The “Bigmain” computer program (obtained from JSC) was exercised to provide estimates of per- 
formance degradation due to the failure of one DC/DC converter which supplies processed power to 
420 klystrons. The results indicate an antenna efficiency degradation of roughly 0.4 to 0.5 percent 
and an increase in first sidelote level of about 0.1 to 0.3 dB depending on the location of the dis- 
abled converter. The total power loss thus approaches 0.9 percent, since the loss due to discon- 
nected RF power is added to the reduced array efficiency. 


3.2.1 .4 Power Transmission Link Efficiency 

The end-to-end efficiency of tne power transmissions system is a critical parameter in the overall 
feasibility and cost-effectiveness of the SPS. In the present study, priority was given to a careful 
evaluation of transmission efficiency. The resulting end-to-end figures (including power conversion) 
are summarized in Table 3.2. 1-2, and compared to estimates given in the JSC "green book" 
(JSC-1 1568). ISC-1 1568 was the point of departure for the study. 


Transmitter power distribution losses were determined from a mass and efficiency optimization of 
conductors and processors, and included consideration of the transmitter self-induced thermal 
environment. 


Klystron conversion efficiency estimates from various sources have ranged from 80" to 87 71. 
Optimization of efficiency requires a joint optimization of electronic efficiency, circuit efficiency, 
and collector energy recovery. Although it is relatively easy to increase the overall efficiency from 
50 to 65 f > using a 3-stage depressed collector with a collector energy recovery of about 70". the 
task of obtaining an 85" efficient klystron will likely require the use of a 5-stage collector. With an 
undepressed efficiency of 74" and collector recovery of 50';. a net efficiency of 85" would be 
realized. The design parameters for the 70 kw klystron support this estimate. 


Waveguide I-R losses were computed on the basis of an “average" waveguide length and power level. 
Ideal beam efficiencies and inter-subarray effects, including phase errors, amplitude errors, and 
klystron failures, were evaluated using the JSC “Bigniain"' computer program. This program numer- 
ically integrates contributions from all subarrays to get beam patterns, total power, and efficiencies. 

The principal new area of analysis was intra-subarray effects: mechanical errors within the sub- 
arrays that produce losses. 

Because of manufacturing toletances and thermal distortions, waveguide size as well as slot shape 
and position will be displaced from the ideal. These dimensional changes will produce unwanted 
scattering and impedance mismatch resulting in a reduction in efficiency. Factors affecting the 
losses in the subarrays were studied for a set of given manufacturing and control tolerances. These 
were found to produce non-dissipative power losses of 1 .87" and dissipative power losses of 1 .5 ; 
for aluminum plated waveguide 9.09 x 6 cm I.D. (The dissipative loss is carried in the efficiency 
chain as "waveguide 1-R "). Thermal effects were found to be negligible if a composite waveguide 
was used. A number of factors including tolerance in the feeder guide from the klystrons and beam 
squint due to stick errors were found to produce negligible power losses. 
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Table 3.2. 1-2 


Noariaal Effirieacy Chaim Photovoltaic SPS 


tr% i*u 


ITEM 

JSC GREEN BOOK 

CURRENT 

NOMINAL 

REASON FOR DIFFERENCE 

SUMMER SOLSTICE FACTOR 

NOT INCLUDED 


\ THESE WERE INCLUDED IN 

COSINE LOSS (FOE) 

NOT INCLUOED 


] ENERGY INTENSITY ON SPS 

SOLAR CELL EFFICIENCY 


■ i m 

■ 


RADIATION DEGRADATION 


Hus 

1 


TEMPERATURE DEGRADATION 

0.103 

K3 


SLIGHTLY BETTER CELL; CR - 1 

COVER UV DEGRADATION 





CELL-TO CELL MISMATCH 





PANEL LOST AREA 

NOT INCLUOED 




STRING l 2 R 

M 



DISTRIBUTION OPTIMIZATION 

BUSIER 


.934 



ROTARY JOINT 

1.0 

1.0 


AN TEN, .'A POWER OISTR 

.98 

XJ 

PROCESSING « TEMPERATURE 

DC RF CONVERSION 

XJ 

.85 

VAR IAN ESTIMATE 

WAVEGUIDE ! 2 R 

sm 



IDEAL 8EAM 







INTER SUBARRAY ERRORS 

.88 


El 

INTRA SUBARRAY EFFECTS 

INTRASU8ARRAY ERRORS 



M 

NOT INCLUDED IN GREEN 

ATMOSPHERE ABSORP. 

.98 


BOOK 

INTERCEPT EFFICIENCY 




RECTENNA RF-OC 

.90 

" jHHH 

NUMERICAL INTEGRATION 

GRID INTERFACING 

.99 


INCLUDES DC-DC PROCESSORS 

PRODUCTS/SUMS 

.0808 

.0679 


SIZES (Km 2 ) 


106.8 



41 




















D 180-22876-2 


Atmosphere losses were unchanged from the JSC estimate. The efficiency chain up to this point 
includes all power in the main beam. The cost-optional receiver intercepts only about 95# of the 
main beam power, as discussed in Section 3.2.b.3.2 of this report. 

RF-to-DC conversion efficiency at the receiver was derived by numerical integration averaging with 
receiver element efficiency varying as a function of incident intensity. The current reference value 
is probably slightly pessimistic for two reasons. (1 1 the average was based on a receiver filling the 
entire main beam. The cost-optimized receiver does not intercept the low-intensity outer part of 
the beam and its average intensity should be slightly greater: (2) recent data received from Raytheon 
and JPL indicate slightly higher element efficiencies. 

DC-to-grid conversion efficiencies were adjusted to in.iude an allowance for power processing. 

3.2. 1 .5 Power Transmission Sys*em Sizing 

System sizing was investigated by use of a parametric model constructed for the purpose. The para- 
metric model examined characteristics of the sy stem over a range of transmitter sizes and total 
input electric power with specific constraints applied to the energy density in sidelobes. Incorpora- 
tion of the sidelobe limitations necessitated an iteration loop within the model to select the trans- 
mitter antenna power illumination taper. The loop is diagrammed in Figure 3.2.1-17. It may be 
seen that this iteration loop includes two other parameters that may be limiting factors: power 
beam maximum intensity at the center of the beam and the maximum thermal power that must be 
dissipated on the transmitter antenna. 

Operation of this iteration loop is illustrated by Figs. 3-2.1-18 thru 3.2.1-23 Figs. 3.2. 1 - 1 8A and 
-I SB show transmitter and receiver average-to-peak power intensity ratios. These were determined by 
numerical integration of antenna patters for a range of power tapers. Average beam intensity can be 
determined from total power in the beam and beam diameter and the peak values then determined 
from these curves. Figure 3.2.1-19 shows the variation in beam spread factor with power taper. 

The beam spread factor, in turn, affects the beam diameter at the receiver and therefore the peak 
beam strength. Figures 3.2.1-20 and 3.2. 1-2 1 show thermal power dissipation and beam intensity 
at the receiver over the range of antenna diameters and beam intensity at the receiver over the range 
of antenna diameters and input power considered. These curves are used to cross plot the design 
constraint line on final results such as the cost results shown in Figure 3.2.1-22. It may be seen 
from Figure 3.2.1-22 that the minimum cost SPS design is essentially bounded by constraints. As 
would be expected, the minimum unit cost sy stem is the highest power system that can be designed 
within the constraints. The power level is set by the thermal dissipation and ionosphere beam inten- 
sity limits. Sidelobe suppression limits exert considerable influence on the design point selection. 
Reducing the sidelobe limits results in a greater degree of power taper and. therefore, a peakicr 
antenna pattern. This, in turn, causes the thermal dissipation limit and peak beam strength limit to 
converge at a larger transmitter diameter and lower power as shown in Figure 3.2.1-23. 
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Figure 3.2.1-17 SPS High Level Systems Model ISAIAH Implementation Diagram 
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The system design point selection also has a significant influence on transportation and construction 
operations. For the reference design (photovoltaic SPS and l kilometer transmitter) and for the ref- 
erence launch vehicle with its available payload volume, it was just possible to package the entire 
SPS and its transmitter with the subarrays preassembled on the ground. The packaging density of 
assembled subarrays is quite low’, on the order of 25 kg/m-* average. However, the packaging den- 
sity of the photovoltaic blankets is very high, about 1200 kg/;n^. Detailed packaging studies show 
that mixing subarrays with high density components allows all of the flights to low Farth orbit to 
be mass limited. However. if a) transmitter diameter is increased relative to busbar power, or b) the 
thermal engine ei ergy conversion system is selected, or c) an alternate vehicle with a less volumi- 
nous shroud is selected, it will be necessary to perform final subarrsy assembly on orbit in order io 
avoid high transportation costs associated with volume limited launches. This in turn increases the 
on-orbit assembly crew and requires a subarrav assembly facility. These items are discussed under 
construction. 

.V'hough it is quite possible that eady SPS's will be considerably smaller than the 10.000 megawatt 
reference design, we are left with the uncomfortable result that one of the penalties associated with 
selection of a smaller SPS may be the need for final assembly of subarrays in the orbital construc- 
tion facility. 

3.2.2 Photovoltaic SPS Designs 

3.2.2. 1 Technical Factors Influencing System Design 

Insolation 

The power output of a solar array depends on the intensity of illumination at tlic . ells and the 
temperature of the cells, the maximum-power point of cells diminishing us the cells become hotter. 
The temperature of the solar cell is related to the intensity of sunlight for any given panel 
configu r atioi.. 

Sunlight is most intense when F.ar»h is at perihelion, which occurs around winter solstice when the 
orientation of the array is such that the sun s rays arrive at 23.5 degrees off normal incidence. The 
worst-case illumination is at summer solstice where the 23.5-degree misorientation occurs at aphel- 
ion where the intensity of sunlight is 0.%7 of average. However, the solar array temperature is also 
down, being 3(>.5°C rather th m 46.0°C as at the spring and autumn equinoxes. Net seasonal out- 
put variations are shown in Figure 3. 2.2- 1 . 

Solar Cell Performance 

Solar cell improvements occurred in 1977 in the areas of cell efficiencies and in large grain grow th 
on thin polycry stalling gallium arsenide films. 
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For silicon sola- cells, a significant item was the achievement of 1 2.5 percent efficiency in 50 pm 
t2 mil) cells. Even though in our reference system, we used a 2 mil cell with 1 5.75 percent effi- 
ciency. an efficiency of 1 8 percent is quite possible by 1985 for this solar cell. 

In gallium arsenide solar cells, John C. Fan of MIL’S Lincoln Labs has achieved at 20.5 percent effi- 
cient homojunction solar cell in AMI sunlight. He projects a 22 percent efficiency by optimizing 
the cell contacts. 

A 16.2 percent efficiency has been reported in JPL’s gallium arsenide AMOS (polycrystalline) solar 
cell by Stim and Yeh. Lincoln Labs has also grown 25 pm thick by heating with a laser beam. 

Solar Cell Degradation 

Solar cells are degraded by the ionizing radiations in space. Radiation damage results from defects 
produced in the cell material by the passage of the ionizing particles. Solar cells in space applica- 
tions are protected by a thin cover glass of f, .ised silica or borosilicate glass from 50 to 300 pm thick. 
This glass greatly reduces the radiation absorbed by the cell by stopping the low-energy particles. 

Using Prof. Webber’s solar activity predictions, we calculated that in 30 years in geosynchronous 
orbit a silicon solar cell under a 1 50 pm (6 mil) fused silica cover will be exposed to the equivalent 
of 2.25 x 10' * protons per cm- having greater than 10 MeV energy. The spectrum of the protons 
is plotted in Figure 3. 2. 2-2 with fiuence as a function of proton energy. Note how copious are the 
low- energy protons, when compared with the high-energy ones. 

A trade-off exists (or . overglass thickness. Ti, inner covers admit more radiation but are less 
massive, as illustrated in f igure 3.2.2-3. 

The optimum turns out to be relatively flat as shown in Figure 3. 2. 2-4. Any cover thickness in the 
50 pm to 1 00 pm (2 to 4 mil) range is desirable. At least 75 pm is required to use the diffractive 
sawtooth cover treatment described below. 

A significant new development occurred in radiation degration of silicon solar cells. Since the refer- 
ence design was changed to thinner solar cells <50 pm) to reduce system mass, it became necessary 
to reinvestigate the area of solar cell radiation degradation. A plot was made of radiation degrada- 
tion at various fluences as a function of solar cell thickness. Data were obtained from JPL's "Solar 
Array Design Handbook." The curves that were developed, when extrapolated to a 50 pm (2 mil) 
cell thickness, showed a significant reduction in radiatii degradation. Information was also poo- 
lished by Solarex on the radiation degradation characteristics of 50 pm cells, also shown in 
Figure 3.2. 2-5 
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Figure 3. 2. 2-2 Spectrum of Protons Incident on Solar Cels 



Figure 3.2 2-3 Reducing Cover Thickness Increases Damage 
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Figure 3.2.2-S Thin CeOs Exhibit Lower Radiation Degradation 
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The effect of this is that annealing, although still very advantageous, is not as critical an issue as 
previously reported. 

Annealability of Solar Cells 

During the part I study effort, a subcontract activity with SPIRE Incorporated investigated anneal- 
ing of radiation-damaged solar cells by the use of directed energy'. Laser and electron beam 
methods were tried. Both methods yielded about SO per cent recovery of radiation damage which 
has been induced by preton irradiation in the Boeing test facility. The cells tested at that time were 
annealed without cover glasses. The results were reported in detail in Volume II of the part I report. 

A continuation of the effort was accomplished during part II. Principal objectives were to extend 
the previous exploratory results to cells with covers and to test the thinner (50 micron) cells now 
available in experimental quantities. Final results were not available for inclusion in this report. 

The following is a status report. 

Conventional adhesive-bonded covers cannot be used on cells which are to be annealed because the 
annealing temperature can be over S00°C. 

SPIRE attempted to fasten cover glasses to Solarex 50 jim cells by adhesiveless electrostatic bonding. 
However, the cell surface was not smooth, apparently as a result of the potassium hydroxide etch 
which had been used to reduce the cell thickness to 50 gm. As a result, the 50 gim cells broke when 
electrostatic-bonding pressure was applied. 

SPIRE sent to Boeing four thicker cells with electrostatic-bonded covers for irradiation with one 
MeV electrons. Attempts to anneal the radiation damage with a neodymium -YAG laser were not 
particularly successful, probably because the covers absorbed the laser light and heated excessively 
during the laser pulse. Better annealing was obtained with a longer laser pulse (about 1 second) 
from a COt laser. Four more cells have been irradiated with one-MeV electrons and a refined CCH 
laser irradiating technique will be used in annealing them. 

Covered tells cannot be effectively irradiated with protons having 1.9 MeV. the limiting energy 
of the Boeing Dynamitron. Therefore, four uncovered 50 pm Solarex cells were irradiated with 
1.9 MeV protons, degrading in their maximum power output as follows: 


Cell Number 

Before Irradiation 

Fluence of 1 .9 

After Irradiation 


Max. Power. 

Efficiency. 

MeV Protons 

Max. Power, 

Efficiency 


Milliwatts 

Percent 


Milliwatts 

Percent 

8 

51.9 

9.59 

1 x I0 1 1 

48 

8.87 

9 

53.3 

9.85 

1 x ;o l! 

47.4 

8.76 

I0A 


9.65 

1 x 10 12 

38.5 

7.41 

I0B 

52.2 

9.65 

1 x I0 12 

40.0 

7.39 
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Figure 3. 2.2-6 compares the radiation degradation of these thin cells with that of conventional cells. 

A proton having an energy of 1.9 MeV is equivalent to about 3 x 10^ one-MeV electrons 

These four irradiated 50 pm cells will be sent to SPIRE Corporation for annealing out the radiation 
damage. 

Array Sizing 

Factors used in calculating the solar array power output are summarized in Table 3. 2. 2-1 
with solar cells having 1 5.75 percent efficiency. To this we add a 10 percent improvement, which 
could be achieved by any one of several means. For example. A. Meulenberg of COMSAT Labora- 
tories estimates that his sawtooth cover will improve the efficiency of solar cells by 8 to 1 2 percent. 

The blanket factors of 0.9453 account for the power losses shown in the table. The individual 
elements of the blanket factors will change, but the product will probably remain around 0.9453. 

The summer solstice loss accounts for the 23.5 degrees misoner.tation with respect to the Sun's 
rays. This loss could be avoided by having the satellite oriented perpendicular to the ecliptic plane, 
but the cost in thrusters and propellants required for attitude control in that mode results in no real 
advantage. 


The aphelion intensity factor accounts for the reduced solar intensity when the Earth is at its aphel- 
ion, around the first part of July. 

The temperature losses result from the solar cells operating between 36.5°C and 46°C, rather than 
at the 25°C at which cell efficiency is commonly expressed. 


The output is further reduced by 3 percent to account for radiation damage that cannot be removed 
by thermal annealing. In past tests. 9s percent of the radiation damage in solar cells has been 
annealed out, even though the cells had not been designed for thermal annealing. There is no theo- 
retical reason why all of the radiation damage in solar cells cannot be annealed out. annealing tem- 
peratures of around 500°C being w’ell below the 800°C region where diffusion of impurities starts. 
On the other hand, the operating plan for the solar power satellite involves repeated annealing, 
which has not been attempted by anyone, as far as we know. 

The power requirement of 1 7.55 x 10 l) watts vas based on supplying 16.43 x 10 Q watts to the slip 
rings and compensating for bus l-R losses. Another one percent was added to this power in the cal- 
culation of solar cell area to provide power regulation, auxiliary power, attitude control and energy 
storage. 

The other items include the lost area factors considered for eacii case. This information was used in 
the formulation of final reference system sizing. 
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Figure 3.2. 2-6 Comparative Radiation Characteristics 
Table 3.2.2-1 Part I! Reference System Energy Convenion/Sizuig 

OUTPUT - W/M 2 


• BASIC CELL PERFORMANCE ©AMO-25°C{ ’575) 213.1 

• 10% IMPROVED PERFORMANCE DUE TO TEXTURED COVERS (.1733) 234.4 

• BLANKET FACTORS (.9453) 221.6 

(STRING |2r, UV LOSSES, & MISMATCH) 

• SUMMER SOLSTICE COSINE LOSS (.9190) 203.6 

• APHELION INTENSITY FACTOR (.9675) 197.0 

• TEMPERATURE LOSSES (36.5°C & SUMMER SOLSTICE - 0.9540) 198.0 

• 30 YEAR NON ANNEALABLE RADIATION DEGRADATION (0.970) 182.3 

• POWER REQUIRED TO BUS (INCLUDES l 2 R LOSS) 17.55 (10) 9 WATTS 

• SOLAR CELL AREA (1% OVERSIZE FOR ENERGY STORAGE, ATTITUDE CONTROL 97.3 km 2 

REGULATION, AUX. PWR & ANNEALING CAPABILITY) 

• ARRAY AREA (CELL, PANEL, STRING AND SEGMENT LOST AREAS) 102.5 km 2 

• SATELLITE AREA (BEAM, CATENARY* ATTACHMENT LOST AREA FACTOR) 1123 km 2 
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Control Requirements 

Attitude control requirements are at GEO dominated by gravity gradient effects. Orbit trim 
requirements are dominated by solar pressure. A good flight control strategy combines the correc- 
tions. using unbalanced couples to provide translation corrections for solar pressure while applying 
torque to counter gravity gradients. 


Solar pressure for an absorptive surface is readily calculated as: 

P 1353 watt$/m“ . , -> 

F = — = — — — - = 4.51 x 10^ n/m~ 

^ 3x10® ir./sec 

The reference photovoltaic system has a projected area of 1 1 2 km“; the solar pressure is 4.5 1 x 10'° 
x 1 19 x 10 6 = 505N. 


Gravity gradient torques can occur around all three SPS axes as a result of the sun-facing attitude 
requirement. 


Significant torques occur only about the y axis when flying perpendicular to the orbit plane (POP). 
The peak thrust required is 3‘)0n. ( lOOn. each 4 places). The duty cycle is that for a sinusoid. 

0.»>4. 


The mass penalty for gravity gradient control includes: 1 > thrust production hardware: thrusters 
plus power processing; 2> generating capacity required to power the thrusters: 3) propellant 
required. T.’ correct propellant quantity penalty reflects the time value of the cost of propellant 
resupply; the penalty should be the net present value (in economic terms) of the lifetime propellant 
requirement. The penally value ranges from 10 years’ annual supply ( 10% discount for 30 years) to 
14 years' annual supply (7V;% discount, infinite life). 

Propulsion system Isp is a variable, assuming electric propulsion. As Isp is increased, propellant 
mass penalty decreases but hardware penalty increases. Accordingly, an optimum occurs as shown 
in Figure 3. 2. 2-7. 20.000 seconds Isp is selected as a representative value. F or POP operation, 
assuming perfect control laws (no control authority margin, no wasted propellant) about 250 
tons of hardware, including generating capacity, and 41 tons'year argon propellant is required. 
Electric propulsion characteristics were taken from the Part 1 technical report. Volume 5. About 50 
megawatts peak. 32 megawatts average, power is required to drive the thruster system. Chemical 
propulsion will be needed to provide control during equinoctal occultations. Despite the low Isp 
(400 sec), only 1 to 1 1 : tons of propellant is needed annually due to the sm. 11 duty cycle. Com- 
plete reliance on chemical propulsion would result in a propellant requirement of about 2100 tons 
per year. Thus electric propulsion is nearly mandatory for flight control at GEO. 

All 3 torque terms are operative when flying perpendicular to the ecliptic plane (POP). 0 varies 
± 23!'i°, 0 varies from 0 to 360°. An approximate numerical integration gives peak thrust (total 4 
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Figure 3. 2. 2-7 Attitude Control Propellant- Photovoltaic POP 
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come- .s 2230 newtons with an average dut> cycle of 0.4. Therefore, the hardware penalty is 5.6 
x that for flying POP ( 1 390 tons) and the propellant penalty is 3.5 x that for flying POP < 1 44 tons/ 
yr). This is a l.4*< hardware mass penalty (for a ~3! gain in output due to sun orientation) and a 
propellant penalty roughly equivalent to one chemical OTV flight to GEO every' 2.75 years. The 
hardware plus ne' present value propellant penalty is about 3? compered to output gain of also 
about 3 ' 7 . Thus flying PEP is about a break-even and should be adopted only if it provides design 
advantages (as it does for the thermal engine). 

If the orNt were to remain precisely trimmed with respect to sc'ar pressure perturbations, a con- 
tinuous solar pressure balancing thrust of 505 N would be required. If the orbit is allowed to 
become perturbed, less impulse is required. It is likely that the gravity gradient control impulse will 
be sufficient for orbit maintenance. 

Loads Arising from Gravity Gradient Control Authority 

A requirement has been identified that an operational SPS should be able to recover from any atti- 
tude to the normal operational attitude If the SPS is in an anomalous attitude as a result of some 
sori: of accident or problem, it may not be able to generate power. According, chemical thrust 
will be used to recover to normal attitude. The worst case is presumably a gravity gradient stable 
attitude (90° around Y-axis from POP). 

A ~ example ca<e was examined with 0 = 0 and p = 45° (worst case gravity gradient torque about 
the X-axis). The force diagram ( 1 -dime honal approximation) is shown below: 


Anter.na 



Sufficient thrust w-as assumed to bJar.ce the gravity gradient toques. For example calculations, 
antenna mass was taken as 7686 x 10^ kg each (the green book value). The blanket mass was taken 
as 0.55 kg/M~. 

The thrust force required to balance the gravity gradient is 1525 newtons. The shear and moment 
diagrams are shown be’ow: 
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Moment 




The moment from point 1 to 2 is 681/ and is equal to 555.875 n-m at point 2. The moment from 2 
to X peaks at 1.25 x 10** n-m at y = 5000 (halfway between the center and end of the blanket » 

C ider a gravity gradient upset condition, the SPS would probably not be generating power. There- 
fore. chemical thrust would be needed to reestablish attitude control. Propellant consumption 
would be minimized by using high thrust to impart an angular momentum just sufficient to cause 
the SPS to coast to the desired attitude. In practice, a thrust about 4 times the maximum gravity 
gradient torque equivalent calculated above should be sufficient. The aneaiar work done by gravity 
gradient in rotating the satellite is 15.61 x 10 7 n-m radians. 

If a tnrust level of 6000 n. is used, this amount of work is done in 0.254 radians rotation. The 

O ^ 

acceleration is 3.14 x *0 rad/sec~. At this angular acceleration. 4000 sec are required to rotate 
through 0.254 radians. The total propellant required is 1 2,000 kg tor the total SPS at an Isp of 400 
sec lji s =4000). Moments due to this thrust level will be 4X the values quoteo above. 2.2 * 10* 1 at 
the rotary' joint and 5 x 10 6 n-n, maximum at the blanket structure mid point. With a structural 
depth of 500 m.. the top and bottom loads are =10^ n 1^2200 lb l divided more or less evenly 
among all the beams. Tnis load is considerably less than the blanket stretching internal loads. 

Structural Criteria and Structural Sizing 

System structural criteria have been updated as indicated in Table 3. 2. 2-2. The --olar blanket 
stretching load is the primary design load on the structure. 

3. 2.2.2 Reference Photovoltaic System Design 

The reference design that resulted from the Part 11 activity is shown in Figure .-.2.2-8. It consists 
of eight modules each containing 32 bays for a total of 2>o bays, plus the two power transmitters 
The modularization was to facilitate low Farth orbit (LI Ot construction and the ki> si/e was 
selected somewhat arbitrarily. Subsequent parametric analys-s indicated that structural mass was 
insensitive to bay si/e. 

The final result for the LFO construction case indicated that a slightly larger array area was needed, 
resulting in a 680-meter bay size requirement. This occurred den solar ceil mi -mate: tfech were 

included in transfer degradation considerations. 

Each bay supports a solar blanket in trampoline fashion. Blankets are made up of individual panels 
about l meter square. Tire blanket and panel desip are compatible with periodic array annealing. 
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TaMt 3.2.2 2. Stmctual Dn^m GriBun 


LEO 

(TEN 09 REPNEtfNTATIVC VALUE (PHOTOVOLTAIC! 

SCO 


8EC0* EAT FROM LOSS Of ATTITUDE CONTROL 
NORMAL ATTITUDE CONTROL 
CONSTRUCTION LOADS: FRAGILITY 

THERMAL DUE TO OCCUL TAT IONS 

LAUNCH 

DYNAMIC 

BLANKET STRETCHING 
INTERNAL PRESSURE 
ORBIT TRANSFER 


GEO 3000N THRUST AT EACH OF A CORNERS 

SCO 100 TO 200N THRUST AT EACH OF 4 CORNERS 

BOTH ” 

BOTH 30QK TEMP. CHANGE 

* 3000 psi FOR GRAPHITE I rt „„ 

* «0 ksl FOR ALUMINUM f 

BOTH S 9'i AS PACKAGED FOR LAUNCH 

BOTH CONTROL <• STRUT BLANKET SUSPENSION 

FREQ. FREQ. FREQ. 

(0.8 C/H) (3.5 C/H) (-10 C/H) 

BOTH 4.SN/H BIAXIAL 

GEO 30-YEAR CREEP RUPTURE/SOS MARGIN 

lEO MAJ INSTALLED THRUST * 10 -4 «J S * 


256 BAYS 



TOTAL SOLAR CELL AREA: 97.34 Km 2 
TOTAL ARRAY AREA: 102.51 Km 2 
TOTAL SATELLITE AREA: 112.78 Km 2 
OUTPUT: 16.43 GW MINIMUM TOSUPRINGS 

Figure 3.2. 2-8 Photovoltaic Reference Configuration 
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Blanket Design 

A silicon solar *'eU must be provided with a cover to increase front -surface cmittance from around 
0.25 to around 0.85. and to protect the cell from low-energy proton mediation. Cerium-doped 
borosilicate glass is a good covet material because it costs only a fraction of the best alternate v’^40 
fused silica), matches the coefficient of thermal expansion of silicon, and yet resists darkening by 
ultraviolet light. Borosilicate glass can he electrostatically bonded to silicon to form a strong and 
permanent adhesiveless joint. In ATS-6 flight tests the cells having integral ?0’0 borosilicate glass 
covers lost only 0.8 ±1.1 percent of their output because of ultraviolet degradation. The:* cells 
had no cover adhesive. Other cells having cell-to-cover adhesives degraded twice as much. Jena 
Glawerk Schott & Gen Ir.c.. in West Germany expects to be able to manufacture 75 pm borosili- 
cate glass sheets one meter wide by several meters long. 

The cell cover is embossed during bonding with grooves which refract sunlight away from the grid 
lines and buses on the cell surface. COMSAT Labs expects an 8 to 1 2 percent increase in cell out- 
put from this feature in cell covers. 

Solar cells only >0 pm thick recently made by Solarex had an air miss-zero efficiency of 1 2.5 per- 
cent without a back-surface field or anti-reflection treatment. Texturing the sun-facing surface 
makes the incoming light arrive at the bacx surface of the c.il at an angle of over 31°. so the light 
rays that have not been absorbed are reflected off the back surface with virtually no loss, the critical 
angle in a silicon-air junction being 1 5.3 degrees. This feature not only improves photon collection 
efficiency, when compared with thicker cells, by lengthening the light path in silicon for infrared 
photons, but also improves radiation resistance. Since all charge carnets are generated within 50 
pm of the P-N junction whicn is 0 2 pm under the sun facing surface, the cell can absorb radiation 
damage until the diffusion length in the bulk silicon is reduced to 50 pm by radiation-generated 
recombination centers. 


The cells are designed with bot. P and N terminals brought to the backs of the cells This feature 
makes it possible to use simple 50 ;mi silver-plated copper interconnections which, are formed on 
the substrate glass. Complete panels arc assembled electrically by welding together 'lie module-to- 
module interconnections. The solar cel! cover combination is shown in Figure 3. 2. 2-9. 

Glass was chosen for the substrate because it enables annealing of radiation damage by heating. 

With all glass-to-silicon bonds made by the electrostatic process there arc no elements ir. the blanket 
which cannot withstand the 500°C annealing temperature which at present seems to be required. 
One researcher suggests tha» 500°C may not be needed for annealing out the radiation damage front 
solar-flare protons. However, his theory has not vet been confirmed by experiment. 
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GROOVES REFRACT LIGHT AROUND 
GRID FINGERS 



MODULE ISTER- 
COHMECTKM 



CELL-TO-CELL 
INTERCONNtrTOR 

- GLASS COVERING ON BACK OF CELLS. 50 pm THICK. 
ELECTROSTATICALLY BONDED 

SILICON SOLAR CELL. 5 d. BY 10 CM. 50 /M THICK. TEXTURED TO 
PRODUCE OBLIQUE LIGHT-PATH. 2 U-CM FOR HIGH EFFtCIENCY. 

N AND P CONNECTIONS ON BACK 

CELL COVER OF 7S /M BOROSILICATE GLASS. E LECTROST ATtCALLY BONDED HI HIGH- VOLUME 
EQUIPMENT. CERIUM DOPED TO GIVE ULTRAVIOLET STABILITY 


INTERCONNECTORS: 12L5-*M COPPER. WITH IN-PLAHE STRESS RELIEF. WELDED TO CELL CONTACTS 


Figure 3.2. 2-9 Low C M Aa«aUk ffhrin Stactmt 


Figure L2.2-X) shows the basic panel adopted for design studies. It has a matnx of 252 solar cells, 
each 0.4 by 1.7 cm in size, connected in groups of 54 cells in parallel by 18 cells in series. The 
cells are electrostatically bonded between two sheets of borosilicate glass. Spacing between cell 
and edge spacings are as shown. Tabs are brought out at 'wo edges of the panel for electrically con- 
necting panels in series. Cells within the panel are interconnected by conducting elements printed 
on the glass substrate. 

Important pane! requirements were these: 

• The panel components and processes should he compatible with thermal annealing at 500°C. 

• Presence of charge-exchange plasma during ion-engine operation may necessitate insulating the 
electrical conductors on the panel. 

• The panel design should be appropriate for the high-speed automatic assembly required for 
making the some 78 million panels required tor each satellite. 

• Low weight and low cost are important. 
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252 

426 CRAMS 

306.206 

78^388.736 



• U CELLS IN PARALLEL WALL TOLERATE 
4 CELL FAILURES IN ANY ROW 


* ULUmntL 

WGT/PANEL 

PANELS/BAY 

PANELS/SATELLITE 


F%urc 32 . 2 -10 Photovoltaic Reference Configuration 
Solar Array Fundamental Element 
“Blanket Panel" 
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The glass-encapsulation technology, while not in use today, seems to be achievable by 1985. 
Simulation Physics has made excellent electrostatic bonds of covers to cells. Schott in West 
Germany is making thin microscope slides from boroslicate glass. The alternate panel design, using 
adhesives for bending cells, covers and substrate, may also be feasible by 1985. Today polypheny- 
lene sulfide adhesives esn operate at 320°C. and polyphenyl queroxaline adhesives are good lor 
370°C. Also, some of our research suggests that a temperature of 500°C may not be needed tor 
annealing out the cluster defects, produced in solar ceils by solar-flare protons. 

Shown in Figure 3. 2 2-1 1 is the way panels would be assembled to form larger elements of the solar 
array. The interconnecting tabs of one panel are welded to the tabs of the next panel ir the string 
and then the interconnections are covered with a tape that also carries structural tension between 
panels. 

Blanket Installation 

Figure 3.2.2-12 shows a typical 660 meter bay and the method by which the solar cell blankets are 
supported within the bay. 

The solar array panels are supported by a main web support system which attaches to the satellite 
structure at 20 meter intervals around the perimeter of the 660 meter bay. Further web support is 
provided by the catenary. 

Thermal expansion and contraction are accommodated by use of a spring-loaded piston cyciinder 
that provides a constant force to the solar array support system. This arrangement also provides for 
a movement of up to 2 meters, in both x and y directions, which may occur due to LFO-GFO 
transfer acceleration of ICT*g. 

Blanket Mass 

The top of Table 3. 2. 2-3 shows the masses for the solar array blanket as reported at the time of the 
Part I final presentation. These were based on a blanket having Rapton as a substrate. 

The current blanket design is compatible with thermal annealing of radiation damage, resulting in a 
significant reduction in array area and consequently array weight and cost. The annealable blanket 
has a 50 pm glass substrate, electrostatically bonded to the solar cells to avoid adhesives and plastics 
that can be degraded by thermal annealing. The silicon solar cells are 50 pm thick, and the cell 
covers are 75 pm thick borosilicate glass, electrostatically bonded to the cells. Interconnections -re 
printed on the substrate glass prior to bonding. The current blanket mass buildup is shown u the 
lower half of the table. 

Power Collection and Distribution 

Long solar cell strings were adopted for the reference configuration to permit generating the 
required voltage, around 4UkV, directly from the solar array without intervening power electronics. 
The string length is around 5.1 km. 
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COVERS— FUSCO SILICA Z20 

CELLS— SILICON 2JS 

MTERCONNECTS-COPPER LM 

SUPPORTING FILM-KAPTON* 1.42 

ADHESIVE. CELLS TO FILM 1.40 

ADHESIVE. KAPTQN TO KAPTON 1.40 


2 MILS BLANKET 0 
INTERCONNECT 

AVAILABLE BLANKE. OPART II UNO TERM 
COVERS— FUSED SILICA 

cells— silicon 

INTERCONNECTS -COFFER 
SUBSTRATE-FUSED SILICA 


220 55 98 

2J8 58.94 

LM 277.04 

120 SSM 



3 MLS COVER 
2 MILS CELL 

2 MILS SUBSTRATES INTERCONNECTS 


CELL AREA - 3B0.2S4 a^/BAY 
PANEL AREA - 395JM3« 2 /BAY 
ARRAY AREA - 40C.4S4 ««-/?AY 
Na OF BAYS - SB 
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THICKNESS 

OWLS) 

AREA FACTOR 

WEIGHT 

<§/m 2 ) 

2.00/399 

0900 

107.95/141.94 

4.00 

EM 

23151 

050 

0.200 

27.71 

2.09 

0.900 

3255 I 

050 

0900 

16.00 | 521 

050 

0900 

1U2 J 


THEORETICAL WEIGHT 434.85/47894 

TOLERANCES B INSTALLATION IIS %) 53.74 / 71.84 


ESTIMATED ACTUAL WEIGHT 4*8.775509 


xo 

15 

167.S4 

29 

09607 

115.17 

5 

0.100 

11.35 

25 

19 

111.75 


THEORETICAL PANEL WEIGHT 

405.92 


TOLERANCES ALLOWANCE 6%) 

20 JO 


ESTIMATED PANEL WEIGHT 

426.22 


PANEL AREA FACTOR (.9913) 

42251 


SEGMENTS AREA FACTOR 19972} 

421.33 


JOINT/SUPPORT TAPES 

X93 


CATENARY SYSTEM 
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Current generated by the solar cells can be carried by conductors or by the solar cells themselves. 
The configuration shown in Figure 3.2.2-13 uses the solar cells to the maximum possible extent for 
carrying the current. It will be noted that no conductors are needed fc r bringing in the current 
from the edges of the array, the solar-cell strings being arranged in loops which start from one 
center bus, loop around the edge of the array, and return to the other bus at the center of the array. 

Solar array power is controlled by vacuum circuit breakers near the buses. Voltage is controlled by 
turning groups of strings on or off. depending on load requirements. 

Two sections of the array provide the required voltage at the slip-rings using the sheet conductor 
voltage drop to achieve the required voltage at the slip-rings. All solar cell strings are of the same 
design. 

Power source ‘A’ provides power directly to the fifth stage of the Klystron depressed collector. 
Power source 'B' provides power directly to the fourth stage of the Klystron depressed collector and 
to the MPTS dc/dc converters wh : ■'* supply all other Klystron element power requirements. 

SPS Structures 

The SPS structure must support a very large solar array and should be as l«ght as possible. Only 
open trusswork structures can fulfill ibis requirement. The study began with a three-tier structure. 
Basic members on the order of 10 cm in width made up beams 1 to 2 meters in section : these beams 
in turn made up 20-meter beams that formed the satellite trusswork. The number of piece parts in 
this structure was enormous, but the estimated mass was attractive: 2500 metric tons. Party in the 
effort a simplification was introduced by replacing the built-up I -meter beams with structural ele- 
ments. The 20-meter beam was a triangular design using thermally-formed cap sections quasi- 
triangular in section with hat section cross members and tension ctraps for diagonals. The primary 
loading condition at this time was tensioning of the plastic film reflectors in the (then) concentra- 
tion ratio 2 configuration. A structural sizing analysis was conducted and led to a structural mass of 
about 15.000 metric tons for the energy conversion system, oignificant in this mass increase was 
the relatively poor capability of the cap section to carry the compression loads that resumed from 
reflector stretching. 

A strong motivation was present to employ an ideal member section: i.e., a tube. This afforded a 
mass reduction to about 8000 tons. An effort was made to develop design details for the tubular- 
section beam. Great difficulty was encountered in finding a way to introduce loads into the con 
tinuous thin-walled tubes; no satisfactory design solution was found An approach employing seg- 
mented tubes to form the 20-meter beams was developed as illustrated in Figure 3.2.2-14. The 
tapered tube sections could be nested for shipment to orbit to achieve a satisfactory packaging den- 
sity. Concurrent with the development of this approach, the decision was made to change the satel- 
lite design to one with no sunlight concentrators. The major load.ng condition therefore was elimi- 
nated. The remaining loading condition was stretching of the solar blankets as discussed above, but 
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the load was much smaller, about 4.5 newtons per meter of beam length. Only the upper plane of 
the two-tier structure was so loaded; in terms of actual loaded members only about 10' of the total 
structure was loaded enough to be greater than minimum-gage member thickness. The mass advan- 
tage of employing the ideal tubular section was no longer a decisive factor and the continuously - 
formed beam could again be brought into consideration. 

Both structure types have their advantages and disadvantages as summarized in Table 3. 2.2-4. 
Probably the most important consideration is the relative practicality of the beam machine types. 

This question can only be answered by constructing prototypes of each and conducting comparative 
tests. The primary issues are the problem of beam straightness for the thermal forming machine and 
the problem of maintaining adequate alignment with the assembler machine to avoid jamming. The 
latter problem arises because joint assembly will require alignment to within a few millimeters in 
handling the 20-meter long struts. The thermally-formed beam configuration is shown in Figure 
3.2.2-15 Open and closed section beams were analyzed. The closed section beam performed better 
than the open section, but not by as much as was expected. 1 able 3. 2. 2-5 compares results for these 
two sections with the tapered-tube structure. The differences in mass for equal load carrying capability 
are not sufficient to be a primaiy decision factor in final selection of the SPS structural design. 

Details of joining the continuous-chord beam designs were not developed. A thorough development 
of this detail w ill be necessary before final selection can be made. 

Antenna Support and Mechanical Turntable 

Tlie antenna support structure and mechanical turntable are the structural interlaces between the 
basic satellite structure and the antenna yoke structure, and provide for the 3h0° rotation of the 
antenna. 

The electrical slip rings are mounted at the center of the mechanical turntable and provide for 
energy transfer across the rotating connection. Flexible conductors provide for energy transfer 
across the elevation joint on the antenna yoke. Figure 3.2.2-16 illustrates the yoke and it-' attach- 
ment to the SPS 

Electrical Rotary Joint 

The electrical rotary joint is small enough to be completely fabricated and checked out on the 
ground As illustrated in Figure 3.2.2-17 it includes three concentric slip rings for the A" and P " 
busses and their returns. A total of S32 brushes contract the three rings. The current density at the 
brush contacts is 10 amps 'em - , representative of today's state of the art. 

I iMrti mentation and Control 

A preliminary instrumentation and control list was compiled for the power generation, distribution, 
and transmission systems. A summary of the number of items in each major category for the power 
generation and distribution sy stems is shown in fable 3. 2.2-n. 
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^ QUALTiyl 


Table 3. 2.2-4 Quabtative Companaon of Structural Options 


MASS PER SPS 
COST 

PACKAGING DENSITY 
CONSTRUCTION OPERATIONS 
NUMBER OF PARTS 
JOINT SLOP 
BEAM MACHINE 


TAPERED TUBE 


n 


CONTINUOUS CHORD 


(DIFFERENCE PROBABLY <1000 TONS - 1%) 
NO DIFFERENCE IDENTIFIED 
(EITHER OPTION IS ADEQUATE) 

NO SIGNIFICANT DIFFERENCES IDENTIFIED 
NO SIGNIFICANT DIFFERENCE 
(ANALYSIS INDICATES NOT A PROBLEM) 


V 


ALIGNMENT PRECISION 
MAY BE A PROBLEM 


• STRAIGHTNESS OF BEAMS 
MAYBE A PROBLEM 


MACHINE COMPLEXITY 

MACHINE RATE 

STRUCTURAL INTEGRITY 
VERIFICATION 

STRUCTURE DESIGN FLEXIBILITY 

AVAILABILITY OF HARDPOINTS 
ON STRUCTURE 


V 
/ 

/ 

✓ 


(NOT A DECIDING FACTOR) 


/ 


CONCLUSION: EITHER OPTION WILL WORK. 

TECHNOLOGY VERIFICATION NEEDED FOR SELECTION. 
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ORIGIN*^ PAGE IS 
OF Pi ":j nJAUrVJ 


OPEN CHORD 

CONTINUOUS CHORD BEAM OPEN CHORD/BATTEN CONFIGURA1 . . . 



CLOSE u CHORD 


CLOSED CHORD 

CONTINUOUS CHORD BEAM AND BATTEN 

CONFIGURATION 

t (CHORD) - 0.028 IN 



SECTION A A 


Figure 3.2.2-1S Continuous Beam Configurations 




£ w ®t EPAGB * 

^° s WAUt» 


Tabic 3 2. 2-5 Continuous Bom Charactcrislics 


OPEN CHORD 


COMPONENTS 

CHORD Six 3.544 18 IbCin- 

a CHORD I -0*H) in- 

THICKNESS - 0.038 in J.004 in P 1 8 It OV I. R 

0.030 in HMS-LST tGr-Ep> 
0004 in E-lSI COVER 

PATTEN - SAME AS CHORD 
iENSION TIES MATERIAL KEVLAR 
DIAMETER - 0.101 in 


BEAM 

WIDTH 300 in 1 7.62 m l 

DISTAN CE BETWEEN BATTENS 425 in ( 10 80 m) 

MASS OE CHORD - 5 ICU.O Ibm 

M ASS OE BATTENS 3600 0 Ibm 20m T APE RED TUBE 

MASS OE TENSION TIES - 75.4 Ibm 

TOTAL MASS S?7\4 Ibm MASS TOTAL =6163 Ibm 

P CR 8730 Ibf PCR 8650 ,bi 

CLOSED CHORD 


COMPONENTS 
CHORD - 


BATTEN 


TENSION TIES - 


Elx ~ Eiy = 2.398 E8 
THICKNESS - 0.028 in 


•‘MTHOPD - 0.S386 ; n 
Elx - Ely = 1.542 E8 
THICKNESS - 0.018 in 


KEVLAR 

DIAMETER 0 117 in 


0.004 in t- 1 44 1 COVER 
0.020 in HMS-LST (Gr-Ep » 
0.004 n E-I8I COVER 


0.004 in E-I8I 
0.010 HMS-LST 
0 .<j 04 in E- 1 n 1 


BEAM 

WIDTH 310 in -7.87 mi 

'.ENG r i BETWEEN BATTENS 220 in ( 5.59 w) 

MASS OE CHORD - 3910 Ibm 

MA SHE BATTEN 3553 Ibm 70m TAPERED r UBE 

MASS OE TENSION TIES !49 1bm 

TOTAL MASS 7612 Ibm MASS TOTAL 6l<0 Ibm 

P, R 8o70lbf P C R 8650 Ibf 
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ELECTRICAL ROTARY JOINT MASS SUMMARY 


SLIP RINGS 

- 11,810 kg 

BP USH ASSEMBLY 

- 1,970k* 

FEEDERS 

- 3,340 kg 

STRUCTURAL SUPPORT 

- 900kg 

ASSY. B INSTL. HARDWARE 

- 200kg 

CONTINGENCY ALLOWANCE 

- 900kg 

TOTAL 

— 19,600k] 





N^COIN SILVER 
90% At 10% Cat 


SLIP RING 
(SEE DETAIL) 



SPRING 

(STEEL) 


>in\ 

^ \_JNSULA' 


TOR 
(PORCELAIN) 


3-1M . j 


EACH BRUSH ASSY/SLIP RING 
INTERFACE LOCATION 
STAGGERED ON 


BRUSH ASSY 
INSTALLATION 
(SEE DETAIL 
AND TABLE ) 



HOM 


Figure 3.2.2-17 Electrical Rotary Joiat sad 


Table 3J2.2-6 Reference Photov o ltai c ln(irnliliiia ud Controb 



CONTROLS 

INSTRUMENTATION 

POWER GENERATION 



POWER SECTORS 


1.152 

SOLAS ARRAY STHSitiS 


36.224 

POWER DISTRIBUTION 



SWITCH PEAR 

420 

1.68C 

MAIN Sc* 


4 

ROTARY JOINT 

104 

149 

DCOC CONVERTERS 
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| TOTALS* 

S24 

39.279 


•DOES HOT INCLUDE STATION KEEPING. HOUSEKEEPING. OR ENVIRONMENTAL CONTROL AND 
MONITORING SYSTEM* 
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Flight Control Stability 

This analysis considered various sensor and control actuator locations to see if there were any sub- 
stantial differences in the controllability of the SPS. 

In summary, all the single sensor configurations analyzed were stable. In each case gain stabilization 
was achieved (see Table 3.2.2-?) with a simple, low cost attitude control design for roughly the 
same range of SPS structure flexible mode frequencies. The results shows that the first bending 
mode frequency of the SPS must be above 0.2 cycles per hour to ensure stable operation of the atti- 
tude control system. Results for multiple control loops were inconclusive. 

Four different control station configurations were evaluated. Three single sensor configurations 
with different controller locations and one multiple station case with 8 ser ors and controllers were 
modeled to determine the controllability of each configuration and o find > rough estimate of the 
stable range of SPS structural frequencies. The three singie-station mode • ere ( 1 ) sensor and con- 
troller at one end. (2) single sensor at the center and a thruster at each end. (3) single sensor at the 
end and a thruster at each end. The eight station case had each sensor and controller located 
together, with each spread evenly in the center, along the length of the satellite. 

With the different configurations thus defined the control loop model was designed. Two different 

feedback systems were tried. The first w'as a position and rate feedback and the second a position 

feedback using a lead-lag compensation for stabilization. A damping ratio of .? and an allowable 

•* 

SPS attitude offset angle (0) of 4.4 x 10° radians were chosen. To find the control gain iKG) the 
identity : 


T dist » • ■ KC * 

was used, where Tjj st is the disturbance torque. Gravity-gradient torques were limhed to torques 
about one axis. 


The control loop natural frequency for this case was 1 .43 x 10** rad sec. The rate feedback gain. 
Kgvro. is found by manipulating the transfer function of the model (without the flexible modes) to 
give Kgvro = 1 x 10** N-m rad sec 

The position gam was used in all the loop designs. Lead lag compensation in the position feedback 
loop was designed tc match these dynamic characteristics while eliminating rate feedback and there- 
fore the need foi continuous gyro operation. 

Flexible modes were then added to the model. Flexible mode data were found using the 
NASTRAN program. The coefficients 0 are the contribution from each mode to the angle of bend- 
ing at different points on the satellite. W I is ihe mode frequency. Values arc given in the fable 
3.2.2 8. 
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Table 322-7 Control Stabttty Aaatyaii Rente 



COKHOt LOCK 3fS!C* 

STityCTiiMi H00C 

KS1LT 

COM NT 

le 

Slug's f«4 senior gyro- 

1st Mode 

.1 

Steele 

Stttle for ■ > i.S i lo'* 


rete feedpecx end control 

w ■ 6 -Co x 

10 * red.' sec 



IS 

Single end sensor 

1st Mode 


Stehle 

Stttle for u > 2.0 x 10 


Lced-ixg position feed-beck 

n > 6.06 x 

10 J red/sec 




end control 





2 

Si.vjte end senior rete-gyro 






feedback 





t) 

End thruster control 

1st «x*; 


Stttle 

Mueys stttle 



u * 6.06 > 

10 red/sec 


(ell nodes sublet 

si 

End thruster control 

Tnd node 


Steele 

Stttle for « » l.i ■ io* 4 



« * t.K * 

10- J red/ sec 



3 

Single center control rite- 






gyro feedbetk 





e) 

End thruster control 

1st node 

.1 

Settle 

Alueys stttle 



« « 6.06 x 

10 J red/sec 


(ell nodes sublet 

Si 

tnd thruster c-jntrol 

2nd. aode 

.1 

Steele 

Stttle for « > i.S x !o' 4 



- » • 6.06 x 

10 J red/sec 



4 

Kalttple loop 

1st node 

.1 

Stttle 

Condi tlonelly 



- • 6.06 x 

10 r*4/s*c 
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Table 3.2.2-8. Control Stability Analysis Results 

1st Bending Mode 

W! * 6.06 x lO" 3 GM = 3.454 x 10 7 Kg 

Position 0 (rad/m) Position 

1 

2.353 x 10 4 

11 


2.306 x 10 4 

10 

3 

1.965 x 10 4 

9 

4 

1.325 x 10 4 

8 

5 

4.685 x JO' 5 

7 

6 

0 

6 

2nd Bending Mode 



Wl = 1.95 x 10* 2 

GM = 1.718 x 10 7 Kg 


Position 

0 (rad/m) 

Position 

1 

2.152 x 10 4 

11 


1.979 x 10 4 

10 

3 

9.030 x 10' 5 

9 

4 

-5.550 x 10' 5 

8 

5 

-1.572 x 10 4 

7 

6 

-1.715 x 10 4 

6 


PAGB r 


For 1st bending mode tb stellite is bent symmetrically, and for the 2nd bending mode the satellite 
is bent antisymmetrically. WI gets larger for the higher modes. Only the first bending mode was 
considered in " ,r '>st cases. 

In the single-station cases, all the configurations were stable. In general, the addition of a flexible 
mode adds a loop mi- e gain-phase plot. Without flexih modes, all single mode models are 
stable. For different mode frequencies, the loop shape remains relatively constant with the loop 
itself shifting up and down the curve. Thus for lower frequencies the loop is higher in the curve and 
there is a possibility of the system going unstable. 

Putting thrusters at each end and vary ing the sensor from end to center does little to change the 
controllability of the satellite. Pile lower limit on frequency for stable operation is 2.0 x 10"* rad' 
sec. Applying a factor of 2 for a stability margin or. mode frequency gives the lower limit of 0.2 
cycles per hour for any single control loop configuration. All frequency ranges stated above are fre- 
quencies where the system is stable. The lower limit is not necessarily the point where the system is 
marginally stable, but is just a rough estimate of the stable system. 

The multiple station case (case 4) was inconclusive At this point it seems conditionally 'table for 
the first bending inode. Future work should be directed towards the multiple station case. Also 
stability criteria should be developed for thermal engine satellite designs to complement the photo- 
voltaic satellite data presented here. 
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Mis Summary 

The structural mass difference fr? v ' t -~. vic< s results is summarized in Table 3. 2. 2-9 and reflects 
integration of the new sizing criteria for the photovoltaic reference SPS. The secondary structure 
has been incorporated into the primary structure. The bay size and member dimensions have been 
changed to be compatible with the new reference system. 

The mechanical systems mass is the mechanical rotary joint. 

Investigation of the gravity -gradient torques and optimization and thrust l sp led to a decrease in 
control system mass. 

The mass of the solar cell blankets decreased due to a new blanket design consisting of ?5 pm cover- 
glass. 50 pm silicon solar cells, and 50 pm silica substrate. Solar cell blanket decrease also resulted 
from lower radiation degradation of the 50 mm silicon solar cells. 

The increase in power distribution system mass reflects a change from the no longitudinal bus bar 
configuration to no lateral bus bars and includes energy storage equipment. 

The increase in MPTS mass reflects the inclusion of energy storage for antenna systems. 

The growth used was 26.6^ on the final configuration. This growth was the result of the uncer- 
tainty analysis discussed in Section 3.2.5. 

3. 2. 2. 3 LEO-GEO Differences 

The most important cost differences between LEO and GEO construction occur in operational fac- 
tors. There are. however, significant differences in the satellite design. The reference point design 
was intended to be the reference LEO case. It w'as originally believed that the ability to anneal radi- 
ation damage experienced duiing the slow transfer would result in essentially no oversizing required. 
This is true if one makes only a parametric power ioss analysis. An additional effect must be 
included this is the solar cell mismatch correction. The configuration finally selected for orbit 
transfer has the solar cells closest to the thruster : nstallations deployed for orbit transfer power. 
These are at the ouier bays of the modules as shown in Figure 3.2.4-31 in Section 3.2.4. The power 
distribution configuration of the satellite is such that these cells are in series with cells not exposed 
for the transfer. All must carry the same current Therefore, the residual radiation damage in the 
cells used for transfer requires that all cells be operated slightly off their optimum power point. 
When this was taken into account, a 5^ cversizing requirement was found. Therefore the LI O 
configuration must be resized tc have 680-mete, bay s and correspondingly larger array blankets. 

The GEO configuration is the same size as the reference point design but docs not require the dupli- 
cate structure that enables modularization of the satellite. TaMe 3.2.2-10 summarizes the LFO-GFO 
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Table 3.2.2-9 Photovoltaic Reference Configuration Nominal Maas Summary Weight in Metric Tons 

Srt-ib*7 CR- 2 (10 GW B.O.L.) CR-1 (10 GVV KINIMUM/30 YRS) 

t i*i ... . ... ... / — . m i. , « - - *S 


COMPONENT 

ORIENTATION 

MIDTERM 

PARTI 

FINAL 

PARTI 

FINAL 

PART II 
MIDTERM 

PART II 
FINAL 

1.0 SOLAR ENERGY COLLECTION SYSTEM 

(3S.416) 

(50.313) 

149.512) 

(50.3571 

(56.184) 

S1.7B2 

LI PRIMARY STRUCTURE 

2.4*3 

14.070 

*.000 

UM 

0193 

63*5 

L2 SECONDARY STRUCTURE 

IS* 

20* 

200 

20* 

- 

- 

L) MECHANICAL SYSTEMS 

40 

40 

40 

40 

07 

*7 

L4 MAINTENANCE STATION 

BS 

- 

- 

- 

- 

- 

LS CONTROL 

M0 

MO 

MO 

340 

150 

170 

l.t instrumentation/ 

COMMUNICATIONS 

4 

4 

4 

4 

4 

4 

L7 SOLAR-CELL BLANKETS 

25.740 

37.592 

34.111 

51. *07 

47,319 

43.750 

LB SOLAR CONCENTRATORS 

5.14* 

2.B7B 

31270 

- 

- 

- 

LS POWER DISTRIBUTION 

2.570 

3. ISO 

3.532 

1.5*0 

MSI 

2390 

2.0 MPTS 

1SJ71 

15.371 

1S.371 

1SJ71 

(24.384) 

25.212 

SUBTOTAL 

61.SB7 

74,444 

04,003 

71.72* 

80560 

74.994 

GROWTH 

25.004 

37.342 

32.442 

35.004 

20142 

20**0 [l> 

TOTAL 

77.9*1 

112.026 

97.325 

107.592 

100.710 

07.474 


[j> 26.6% GROWTH FROM UNCERTAINTY ANALYSIS 


iRlGTNAL pagb* 
)F POOR QUALITY 
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Table 3.2.2-10 Sateffite We%ht Delta GEO w. LEO Construction 


STRUCTURE HEIGHT - LEO (UNADJUSTED) 
ARRAY HEIGHT - LEO (UNADJUSTED) 

POWER DISTRIBUTION - LEO (UNADJUSTED) 


5.325 .OCO 

43.750.000 SfIG. 
2.338.000 


STRUCTURE HEIGHT - LEO (ADJUSTED. + 
ARRAY WEIC' ,T - LEO (ADJUSTED. + 55) 
POWER DISTRIBUTION - LEO (ADJUSTEO, 

STRUCTURE HEIGHT - GEO 
ARRAY HEIGHT - GEO 
POWER DISTRIBUTION - GEO 

STRUCTURE HEIGHT ^^0 
ARRAY HEIGHT L£0 _ 

PWER DISTR. ^o.to.ceo 


55) 

5.6S5.C0G 


45.938.000 

♦ 55) 

2.457.000 


4.530.700 


43.750,000 


2,398.000 


-1,124,300 


-2,188.000 


-58,700 



TOTAL - LESS GROWTH 
GROWTH ADJUSTMENT 


TOTAL - 1NCL. GROWTH 


TOTAL BEAM LENGTH 

10 6 . 


MODULARIZATION +649.200 
SELF TRANSPORT +53.500 
ANTENNA TRMSPuT -151,600 
OVERSIZE . +270.000 


-3.371 .000 
-899,000 


-4,270.000 kg 


GEO LEO 
1.180 1.340 
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differences in the satellite mass statements. The GEO configuration is 4270 metric tons less in 
mass. These differences have been taken into account for the final cost comparisons and cost 
figures. 

3.2.3 Thermal Engine SPS’s 

3.2.3. 1 Summary 

Of the thermal engine systems studies, the potassium Rankine is the lightest -'.ear-term technology 
SPS option. Our study results show it to be lighter than steam Rankine. helium Brayton or 
thermionic SPS systems. In the area of solar concentrators, we had previously anticipated approxi- 
mately 30^ degradation in the 30 year life of the SPS. More recent data has however, indicated 
that little or no degradation should be expected. Therefore, none has been assumed. An investiga- 
tion of potential materials for thermal engine SPS usage has indicated that some of the best materi- 
als are in short supply. However, suitable options exist and these have oeen selected. We have 
selected a turbine sizing of 32 megawatts. At this size. 576 turbines are required for a 10 GW out- 
put SPS. This turbine size is approximately that of the SST engine partially developed by General 
Electric for the American SST program, and is appropriate to the national fabrication capability. 

By the use of relatively small heat pipes it has been possible to configure a radiator system which is 
sufficiently immune to meteroid penetration. At the end c.*’ this study phase we indicate that the 
mass of the thermal viigine SPS is approximately 80.000 metric tors (without growth) and that the 
average cost for one SPS at a rate of four per year is approximately 18 billion dollars or 1 .800 dol- 
lars per kilowatt produced on the ground. 

3.2.3.2 Recap of Options 

The steam Rankine SPS would be an extremely heavy option. This is primarily because the maxi- 
mum turbine inlet temperature is in the neighborhood of 1 .000 to 1,100 degrees Farenheit and the 
heat rejection temperature is near the condensation point of water. Consequently, the Carnot effi- 
ciency is low and the realizable efficiency is even lower. Thermionic systems are also very heavy. 
This is because thermionic diodes and the interelectrode busbars required to connect them are 
heavy and the radiator system required for heat rejection from the thermionic diodes is also quite 
heavy. The Brayton SPS i.e. a helium closed cycle cysp-m. is a near competitor to the potassium 
Rankine system. However, it is only competitive in mass with very high turbine inlet temperatures, 
in the vicinity of 1 .600 K (2,500°F). This turbine inlet temperature is only achievable with ceramic 
materials such as silicon carbide. This material is now in development but is not considered to be 
appropriate for baseline SPS use. We have emphasized the potassium Rankine SPS in Part II of this 
study and details of the results are concluded in the remainder of this section. 
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3. 2.3. 3 Reference Design Description 

A plan view of the thermal engine SPS is shown in Figure 3. 2.3-1 . This satellite has two 5 GW out- 
put rectennas located on the north-south axis of the satellite. The satellite is divided into 1 6 mod- 
ules each of which has 36 turbogenerators, for a total of S76 per SPS. The satellite Hies in a 
perpendicular-to-ecliptic plane orientation at all times. 

Cycle 

The working fluid in the potassium Rankine loop is potassium vapor in a portion of the loop and 
liquid potassium in the remainder. Figure 3.2. 2-2 shows the cycle schematic. Liquid potassium is 
introduced into the heat absorbei tubes of the boiler located within the high temperature cavity 
absorber. Boiling produces potassium vapor which passes through the tuibinc and does the work of 
turning the generator which produces the useful power required for the SPS microwave transmitter 
and the power required to drive the electromagnetic pump. Potassium vapor leaving the turbine is 
cooled by the expansion in the turbine. It is introduced into the radiator system where it flows 
through the vapor manifold into potassium throughpipes which are cooled by sodium heat pipes. 
Condensation occurs in the throughpipes so that liquid potassium is collected in the radiator outlet 
manifold and flows to the electromagnetic pump. 

The General Electric Corporation, our subcontractor for Rankine turbines, produced the data 
shown in Table 3. 2.3-1 . We have used a turbine efficiency of 80'r This was demonstrated in tests 
in the late 1%0‘s at the Lewis Research Center. The 80 c f figure is probably quite conservative for 
large potassium turbines. In the area of erosion control three promising methods were demon- 
strated in the Lewis tests. A total of nearly 800.000 hours of testing was accumulated relative to 
potassium systems. Note that this includes a total of more than 10.000 hours of running tests on 
turbines and more than 10.000 hours of electromagnetic feed pump testing. 

Materials 

The abundance da a given in Table 3 2.3-2 were drawn from Department of Interior publications 
for 1973 . The first of the eneral rules shown stat's that since solar power satellites will not be 
available in large quantities until after the year 2000. it is appropriate that we select materials suffi- 
ciently abundant in that time period. Our baseline SPS quantity for this study was 1 12 units, prob- 
ably sufficient for U.S. electrical needs in the early part of the 21st century. However, more unit 
may ultimately be required for the United States; up to 1000 units or more for the world. There- 
fore. it is probably appropriate that we do not use a material such that 1 1 2 satellites would use over 
5 7r of any world material source. Rule 3 tends to minimize the impact of SPS incorporation and 
the concomitant industrialization required. Turbine wheels and blades for potassium Rankin tur- 
bines are baselined as using molybdenum, a wrought material. Silicon carbide could also be used, 
however, this material is in its very early development stage and it's probably too advanced to base- 
line. Turbine housing materials must be ductile and weldable. Tantalum alloys would be ideal, 
however world resources are not adequate. Therefore, we have selected niobium, also called colum- 
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bium, for the baseline material. Cesium would be an ideal Rankine cycle working fluid. It would 
result in the turbines having fewer stages and a smaller disc diameter. However, the supplies of 


cesium are clearly not adequate for large scale SPS usage. Potassium, an abundant material, has 
been selected. 


Mara 



• GROUND OUTPUT: MINIMUM 
OF 10 GW (TWO ANTENNAS) 

• POTASSIUM RANKINE 
TURBINES (576/SPS) 

• 16 MODULES 

• ■T.E.P.” ORIFNTATION 

• CONCENTRATOR AREA: 119 km 2 

• SYSTEM MASS 


SPS-1HM 


Figure 3. 2. 3-1 Reference Rankine SPS Design 
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Table 3. 2. 3-1 Data Baae Draws Heavily on Demonstrated Technology (General Electric Data) 

ssttsot 



TURBINE EFFICIENCY: 
EROSION CONTROL: 
POTASSIUM HARDWARE:' 


AlHescsrch 


80%: LsRc TESTS 

THREE METHODS DEMONSTRATED 


Potassium (800,000 houra testing) 



62 800 

12 000 

2 800 

4 900 

10 200 


73 800 

16 900 

5 000 

— 

26 900 

4 900 

3 COO 

— 

6 100 

1 300 

75 800 

16 900 

4 500 



156 

000 


300 


300 


100 

3 

300 


600 


300 

1 

600 


JPL KASA-Levls 


Tearing houra accumulated 


Corroaloa test ayataaa: I I 

Bolling 1300 I 23 300 

All-liquid 1 1 

Component teat systems, boiling 
Simulated povtrplant ayataaa 
tollers 
Turbines 

Boiler feed pumps: 

Electromagnetic 
Turbine driven 
Other pumps 
Condensers 
Seals 

tearing testa 


Includes testing houra of Aerojet Nucleonics, Allison, Bockstdyas, United Nuclear. 

b 

Includes testing hours of trookhevea. Aerojet Nucleonics, West ingho use Aatronuclsar. 

Table 3. 2. 3-2 Material Availability 

srs-nae 

• GENERAL RULES: 1) MATERIAL TO BE PREDICTED TO BE "SUFFICIEN fLY ABUNDANT" IN 2020. 

2) SPSTO NOT USE O'. ER 5% OF WORLD RESOURCES OF ANY MATERIAL 

3) CURRENT WORLD PRODUCTION RATE ADEQUATE FOR ONE SPS/YEAR 


TURBINE WHEEL/BI ADE MATERIAL (NEED * 6000 MT/SPS) 

(WROUGHT MATERIAL) 

MATERIAL STATE OF ART WORLD RESOURCES (MT 


MOLYBDENUM (TZM) DEVELOPED 29,000,000 

SILICON CARBIDE EARLY TEST VERY ABUNDANT 


Cesium 

(>23.000 

hours 

testing) 

0» 


PRODUCTION RATE I MT/YR) 


91,000 

VERY SMALL 


• TURBINE HOUSING MATERIAL/BOILER TUBES (NEED 4000 TO 7000 MT/SPS) 
(WELOABLE DUCTILE MATERIAL) 

MATERIAL STATE OF ART WORLD RESOURCES (MT) 


TANTALLUM (Till) DEVELOPED 100,000 

NIOBIUM (C103j DEVELOPED 17,000.000 

SILICON CARBIDE EARLY TES*i VERY ABUNDANT 


• RANKINE CYCLE WORKING FLUID 


MATERIAL 

CESIUM 

POTASSIUM 


STATE OF ART 
DEVELOPED 
DEVELOPED 


WORLD RESOURCES IMT) 


100,000 
if, 9 


PRODUCTICM RATE (MT/YR) 


PERHAPS 1,000 
ABOU", 2C.00Q 
VERY SMALL 


PRODUCTION RATE (MT/YR) 


10,000,000 


•MT - METRIC TuN/SPS 
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Concentrator 

The solar concentrator is maJe up of a structural system supporting a large number of plastic film 
reflector facets and is a segment of a sphere. The reflected light is concentrated into the focal point 
assembly which mounts to the concentrator by four cavity support arms. These amis are made up 
of graphite epoxy tube sections f 'mung a 20 meter beam. The thruster systems requited foi seif 
power transport to geosynchro: orbit in the LI O construction option are located at the 3 points 

shown in Figure 2. 2.3-3. 

The concentrator structure which supports the reflector facets is made up of a large number ot 
tetrahedral elements which are in turn composed of a number of tapered graphite epoxy tubes, 
jointed as shown in Figure 3.2. 3-4 The graphite epoxy tubes can be nested to provide a high den- 
sity payload for transportation. 

Figure 3.2.3-.’' is a photo of a "Toothpick Model” of a portion of the concentraioi frame. It is seen 
that this structure is composed of repetitive tetrahedrons A curved surface is required. Tins is 
formed by having the lower members of any tetrahedron iaraer than the upper members of the 
adjacent tetrahedron so that a bidirectional curvature is produced. 

1 he reflect or facets shown in Figure 3. 2.3-0 are hex agons of *hin aluminized k apt on. I he k apt on 
is 3 miciometcs thick. If is tensioned In 3 rigid end members, p tiled outward by bridles. This ten- 
sioning system causes the three edgv members to be coplana r . so diet e flat reflector is produced. 
The rocker arm and spring canister systems which pull outward on the bridle are mounted to the 
concentrator frame. A "scallop” at the three free edges of the fa et controls w-inklmg at the facet 
edges. 

The three bridles ot' the reflector facet arc attached to the rocket ems which mount to the mid- 
point of the concentrator tube structural elements, as shown in Figure 3.2.3-', I lie springs, con- 
t ;ned in canis'ers. provide the pull that causes the rocker arm to tension th - plastic film. Vote 
then that the facet is mounted directly to the concentrator support structure and does not include 
*b. radial ami and hub system used in Part 1 of' th.s study 

The plastic film material is alumini/cd Kupton. DuPont Corporation, the manufacturer of kapton. 
believes that a thickness if .3 micrometers is producible by nearly standard toll methods and will 
demonstrate this in tests in late P* ’3. Data from project A 13 1 F. has shown a potential degradation 
of reflector film specular performance of approximately 300 due to the radiation encountered, first 
in a self-power transfer from low orbit to high it. and then 30 years of opeiation in geosy nchro- 
nouse orbit Tests pm tor led for the solar sail progiam at the Jet Propulsion Laboratory have indi- 
cated. however. th.d ih>> degradation mode will probably not occur, and that the degradation pre- 
viously seen is an artifact ot the test method itself. We consequer ly do not foteva ! r 1 lialmn 
degradation. We do anticipate approximately 2.250 degradation due to meteoroid impacts in 30 
years of reflector film operation. Our mflectiv *v estimate is ,‘H) for a reflector cone angle of .22 
degrees. This is relatively conservative since even higher reflectivities ate probably achievable. 
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Figure 3. 2.3-7 Reflector Facet Mounting 
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Focal Point Assembly 

fc'ach of the 16 modules of the thermal engine SPS is equipped with the assent ly shown in Figure 
3. 2.3-8 at its focal point. Reflected sunlight front he reflector facets enters t ic CPC at its aperture 
and by reflections reaches the cavity absorber which contains the boiler tubes for the thermal 
engine. The CPC is made up of a framework supporting a single layer of molybdenum foil A 
reflectivity of .8 is estimated for this foil with the use of a rhenium reflective coating. The walls 
of the cavity absorber are composed ot a framework system supporting 3 layers of molybdenum 
multifoii. Selection of the number of layers was based on a mass optimization trade. Heavy cavity 
walls leak relatively little energy to space and therefore require somewhat smaller concentrators. 
Thin walls are lighter but require larger solar concentrators. Five layers are approximately opti- 
mum, The purpose of the CPC' is to allow a relatively large reflector facet image to fit within the 
aperture; also the large aperture of the ('PC accommodates satellite pointing errors and some distor- 
tion in the framework in the solar concentrator 

The aperture door assembly snown in Figure 3. 2.3-9 allows a variation in turbine output power 
while maintaining a constant orientation with respect to the sun The door is composed of molyb- 
denum foil panels mounted on cables driven by pulley assemblies attached to the cavity support 
arm frame The doors are shown in the open position. The rhenium reflective coating on the doors 
is used to maintain a low temperature for the door panels when they arv fully closed and exposed to 
the full output of the solar concentrator assembly . 

The primary equipment of the focal point assembly is shown in Figure 3.2.3-10. The cavity 
absorber assembly and CPC are supported by a vertical steel tubing framework system A ftv *- 
work member on each side of the cavity supports the turbogenerator assemblies. IS turbogenera- 
tors are mounted on each side of the cavity. One radiator assembly is provided per turbogenerator 
and extends directly outward, eitlier to left or nght. from the turbogenerator. The radiator assem- 
bly which cools the generator is mounted above the cavity. 

System flow and state point data are shown in Figure 3.2.3- 1 I . Liquid potassium from the electro 
magnetic pump liters the boiler tubes which are located within the high temperature cavity assem- 
bly, Vapor from the boiler enters the double ended turbine and is exhausted mto a single tapering 
radiator vapor duct Pertinent state point parameters lor various points around the flow loop are 
given at the bottom of the figure. Note that while the vapor duct is relatively large in diameter, the 
pressures are quite low. 

While there are certain advantages to recirculation type boilers operating under gravity conditions, 
zero gravity conditions favor the use of once-through boiling and delivery of dry . slightly super- 
heated vapor. 

The condensation of liquid in the turbine during extraction of heat from the vapor is a special case 
involving need for liquid extraction devices to control droplet erosion damage 
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• CPC ACCEPTS LARGER 
IMAGE FROM FACETS: 

-ALLOWS FEWER. 

LARGER FACETS 

-ACCEPTS POINTING 
ERRORS* DISTORTIONS 


Figure 3 .2.3-8 Cavity and Coagoand hnbofic Concentrator (CPC) 



Figure 3.2. 3-9 CPC Aperture “Door” Mafetaim Comet Cavity Temperature 
Despite Varying Power Output 
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LOCATION FOR SELF-POWER 
ORBIT TRANSFER SYSTEM 


GENERATOR 

RADIATOR 

SYSTEM 



UODULE TGTAODULE BEAMS 


RADIATOR: IS PER 
SIDE (ONE PER 
TURBOGENERATOR) 


TURBOGENERATOR 
PALLET (36/UOOULE) 


COMPOUND 

PARABOLIC 

CONCENTRATOR 


CAVITY SUPPORT ARM 


DOOR PANEL 
Figure 3.2.3-10 


Food Point Assembly 


TURBINE 


BOILER 

VAPOR 

DUCT 





KEAT PIPE, TYP.- 
RADIATOR VAPOR DUCT 
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PUMP 


BOILER LIQUID DUCT 


ORIFICE (MATCHES 
THf.OUGHPIPE FLOW) 

-THROUGHPIPE (335/RADIATOR) 
N — THROUGHPIPE ISOLATION VALVE 
-RADIATOR LIQUID DUCT 


LOCATION 

PRESSURE 
kPa PSI 

FLOW RATE 
kg/s lbm/s 

TEMPERATURE 
K °F 

DUCT 

M 

DIA 

FT 

A 

37.9 

5.50 

74.67 

164.6 

932 

1218 

1.60 

6.25 

B 

16.8 

2.43 

74.67 

164.6 

932 

1218 

0.28 

0.92 

C 

37.9 

5.50 

9.23 

20.3 

928 

1210 

0.10 

0.33 

0 

676 

9&0 

83.90 

185.0 

929 

1212 

0.145 

0a8 

E 

531 

77.0 

83.30 

185.0 

1242 

1776 

0.55 

1.80 


Figure 3.2.3-1 1 System Flow Schematic (Not to Scale) 
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In the condenser, liquid is swept along the inside length of the tubes by the much higher velocity of 
the vapor. The tube might he tapered atong its length to maintain high vapor velocity, but this is 
not necessary'. S. Sawoehka, near the 1965 time period, conducted experiments on upward flow 
condensation of potassium in vertical, constant diameter tubes: the performance of these condenser 
tubes was not adversely affected by a I “G‘ force acting to restrict sweeping of liquid condensate 
by the high velocity vapor. 

Possible thermal fatigue cracking in condensers under 2-phase flow has been considered. In air- 
cooled metal vapor condensers for land based applications, the poor air-side heat transfer coeffi- 
cients controlled heat transfer: thus the alternate presence of either a liquid or a vapor phase at a 
given point on the condenser tended to cause thermal fluctuations and possible thermal fatigue. 

This possibility occurred since the hot side heat transfer Him coefficients varied appreciably in the 
presence of a liquid or a vapor phase. In the SPS a high heat transfer film coefficient on the cold 
side of the condenser tube will control the metal temperature and prevent such abrupt thermal 
fluctuations. 

During prior Ranktne cycle space power system studies, the problems of '-phase flow were recog- 
nized and plausible solutions and reasonable approaches to these solutions were proposed. 

Turbogenerators 

Fiectromagnetic (KM) pumps have been used extensively in the pumping of liquid metals. They 
have the advantages ot absence of seals and bearings, operating reliability and reduced maintenance 
requirements. 


For the Rankine cycle space power program, a light weight 193 kg <425 lbs) electromagnetic boiler 
feed pump, capable of operating at a liquid metal temperature up to 1 033K 1 1 400°K). was designed, 
built and tested for 10.000 hours. It pumped 8 1 IK ( 1 000°K I potassium at flow rates up to l .47 
Kg sec (3.25 Ihm sec) at a developed head of I <>54 kPa (240 psi). a NPSH of 48 kPa <7 psi) and an 
efficient of 16.5', . The pump featured at 1-1 1 1 alloy helical pump duct and a high temperature 
stator w ith a 81 IK ( IOOO°F) maximum operating temperature; the stator materials consisted of 
Hiperco 27 magnetic laminations. 99'; alumina slot insulators, type “S“ glass tape interwinding 
insulation and nickel-clad silver conductors joined by brazing in the end turns. Pump windings were 
cooled by liquid NaK at 700-75oK (800-900°F). 


Large size annular linear FM pumps are under development for the liquid metal fast breeder reactor 
A 14.500 CiPM <681 Kg; sec; 1 502 Ihm sec) pump has been built and is awaiting test: pumps of 
larger sizes have been considered in the range of 30.000: 70.000: 80.000 and 150.000 C.PM <1410. 
3455. 3759 and o 1 10 Kg/ sec; 3108; 7575: 8289 and 1 3.470 Ibm sec). Weight and cost estimates 
for commercial land based versions of these pumps have been initiated. While these pumps were 
designed for handling sodium at about 858°F. their development indicates pump scale-up experi- 
ence well abo - e that of the earlier higher temperature boiler feed pumps for Rankine space power 
systems. 
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Since the design technology for EM pumps is well-developed and relatively large pumps have been 
built, the design and production of pumps of the required size and operating characteristics for the 
SPS should be a straightforward engineering problem. The use of higher pump voltages and 
improved high temperature electrical insulation, magnetic and conductor materials will be required 
utilizing experience gained in the design and test of the I033K (I400°F) boiler feed EM pump. 

Pumping at low NPSH has been demonstrated and avoidance of cavitation in these pumps can be 
circumvented by ( 1 > subcooling of the condensed potassium to minimize possibility of cavitation 
(only very low energy losses are involved). (2) minimizing condensate return line pressure losses and 
(3) reliance upon the dynamic pressure head of the high velocity condensing potassium vapor to 
help support the minimum NPSH required to prevent cavitation. 

The conceptual design of the 31.7 MWe, five state, double flow alkali metal vapor turbine shown in 
Figure 3. 2.3-1 2 is based on technology developed for smaller scale space power turbines, 
turbines. 

It features hydrodynamic lubricated liquid metal pivoted pad journal and thrust bearings. In addi- 
tion. the turbine shaft leading to the generator would feature an essentially zero leakage potassium 
seal of a type on which experimental testing has been accomplished; in smaller scale seal tests over 
1 00 hours in duration, it was estimated that the leakage of potassium would not be of engineering 
significance in over I G.000 hours operation. 

Liquid extraction devices, as shown in detail on other pages, can be incorporated in the design using 
vane trailing edge droplet extraction or trailing edge turbine rotor droplet extraction. 

The selection of the suggested modular size provides a nominal point in the design production and 
test of the alkali metal vapor turbines needed for Rankine cycle solar power satellites. 

Each potassium Rankin turbine turns a generator such as shown in Figure 3.2.3-13. These genera- 
tors produce either 4 1.000 or 39,000 volts direct current as required by the microwave transmitters. 
The generators arc oil cooled using coolant passages through both the rotor and stator. Although 
they are quite efficient the generators must dissipate waste heat at such a rate that their own surface 
area is not sufficient for this dissipation; external radiators are used. A high copper temperature is 
advantageous to reduce the area and mass of these radiators. 

The complete turbogenerator assembly is palletized for shipment as shown in Figure 3.2.3-14. 
These pallets mount one turbine, one generator and electromagnetic pump, and associated auxil- 
iaries. The structure of this pallet is designed to allow launching of the unit preassembled; at least 
a 5 g acceleration capability is required. 
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Radiators 

Shown in Figure 3.2.2-15 is a segment of the radiator for one generator. A vapor duct is at the top 
and the liqu' j return duct is at the bottom The heat pipe panels with their throughpipes pass 
between the ducts. Also shown are the triple layers of meteoroid bumper installed on the ducting. 
At the lower left is a detail of the throughpipes and the wraparound sodium heat pipes. These 
sodium heat pipes are spaced apart such that their centerlines are 1.6 diameters from each other. 
This spacing is an optimum compromise between greater spacing, which would improve heat radia- 
tion. and reduced spacing which would reduce manifold mass by requiring fewer throughpipes. On 
the right is a cross section through two adjacent radiator systems showing how the vapor ducts share 
common meteoroid protection systems for a reduction in bumper mass. 

Antenna Mount 

The additional, seasonal axis and dog-leg structure required for PEP operations is shown in Figure 
3.2.3-16. Slip-rings need not be used at the seasonal axis pivot. Flat cables which are wound during 
one year of operation and unwound during an annual shutdown period are instead proposed. 

A breakdown is given in Table 3.2. 3-3 of the radiator mass elements per engine and for the entire 
SPS. Note that the heat pipes and the potassium for the fill of the radiator systems dominates this 
mass statement. The heat pipe sheet thickness is driven by meteoroid protection requirements and 
allows approximately I0G of the heat pipes to be penetrated and thereby made inoperable in 30 
years of geosynchronous operation. Because the heat pipes wrap the throughpipes they provide 
significant throughpipe protection, however, approximately 37c of the throughpipes can be 
expected to be holed in 30 years of operation. The radiator is consequently oversided by 13 
percent. 

Performance and Mass 

Table 3. 2.3-4 is a breakdown of the system power requirements aboard the SPS. The generators 
require 16.43 GW. Additional utilizations within the system bring the busbar total to 17.913 GW. 
The power distribution losses are those associated with resistance effects within the distribution 
busbars. The pumping power is that required to operate the electromagnetic potassium pumps. 

The attitude control power is a maximum value and corresponds to the time period when maximum 
thrust is required to maintain the perpenilicular-to-ecliptic plant orientation. The total output can 
be produced by 570 of the generators. 576 generators are installed allowing approximately a 1 % 
margin. It is anticipated that the microwave transmitters will degrade in output and required power 
input by approximately 2% in the course of a year, consequently in one year about 3'r of the turbo- 
generator systems could be automatically shut down by malfunction detection systems without 
impacting the power output of the microwave transmitter. 

Systems efficiencies are summarized in Table 3. 2. 3-5. Tire I 7.913 GW required for busbar power as 
indicated by the previous table is the beginning point for this system efficiency chain. The genera- 
tors have an efficiency of 98.4'*. This requires that the turbines have a shaft output of 1 8.204 GW. 
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• RADIATOR IS 316 STAINLESS STEEL 


STEEL METEOR 

BUMPER (TRIPLE) VAPOR DUCT, 
RADIATOR “N' 



FREEZING POINTS: 
POTASSIUM 336K (1«5°F| 
SOOIUM 371K (20S°FI 


[THROUGHPIPE 

radiator 

"N“ 


THROUGHPIPE 



■WRAPAROUND- 
HEAT PIPE y 


EVAPORATORS 


Figure 3.2.3-15 Primary Radiator System 



Figure 3.2.3-16 Antenna Joint for “P.E.P.” SPS 
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Table 3.23-3 Radiator Maas 



PER ENGINE 

PER SPS 


k g 

10® Kq 

MANIFOLDS 

3895 

2.24 

VAPOR DUCT 

(1240) 

(0.71) 

LIQUID DUCT 

(216) 

(.12) 

METEOROID PROTECTION 

(2439) 

(1.40) 

THROUGHPUTS 

1500 

0.86 

THROUGHPIPES (33S/ENGINE) 

(790) 

(.46) 

ISOLATION VALVES 

(710) 

(.41) 

HEAT PIPES 

13.299 

7.66 

SHELL 

(10.838) 

(6.24) 

WICK 

(1729) 

(0.99) 

SODIUM 

(732) 

(0.43) 

POTASSIUM 

8046 

4.63 

TOTAL 

26,740 

15.39 


Table 3.2.3-4 Power Budget Table 3. 2.3-5 System Efficiency Chain 


*rs-ttw 

TRANSMITTERS 

10 6 kW 
16.430 

ses-isi* 

BUSBAR GENERATOR OUTPUT) 
(GEN. EFFICIENCY -0.984) 

10 6 kW 

i,.:i3 

POWER DISTRIBUTION 

0.898 

TURBINE SHAFT OUTPUT 
(CYCLE EFFICIENCY - 0 ’«9) 

18.204 

PUMPING 

0.282 

POWER ADDED TO POTASSIUM 

96.317 

ATTITUDE CONT. MAX 

0.300 

SOLAR ENERGY INTO CAVITY 

112.397 

MISC. 

0.003 

(REFLECTION LOSS. 5%) 

(LOSS THROUGH INSULATION) 

(5.620) 

(0.500) 

BUSBAR 

17.913 

(RERADIATION THROUGH APERTURE) 
(MISC. 1 E„ MANIFOLD HEAT LOSS) 

(8.836) 

(1.124) 



INTO SECOND STAGE CONCENTRATOR 
(CPC REFLECTIVITY - 0.865) 

129.939 

670 GENERATORS AT 31.426 MW, EACH 
(676 INSTALLED) 

IMPINGING UPON PLASTIC FILM 
(FILM END^F LIFE REFLECTIVITY - 0.877) 

148.079 
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output of 18.204 GW. Since the turbines and the rest of the system have an overall cycle effi- 
ciency of 0.189 a power level of 96.317 GW' must be added to the potassium flew within the boilers 
of the cavity absorber. A breakdown of the losses associated with the cavity absorber is also given. 
For example. 5% of the energy entering the cavity is reflected back out again. This is based on tests 
of “bench model" absorbers for ground solar pov er migrants. The five layers of insulation making 
up the cavity walls allow a heat loss of approximately i/2 GW. The hot walls of the cavity reradiate 
energy back out through the aperture. Some of this passes directly to space and some of it is 
reflected to space from the solar concentrator. Other losses, such as heat losses through the walls of 
the manifolds connecting the boilers to the turbines, amount to approximately 1.1 GW. The C'PC 
also has losses due to energy absorbed rather than reflected by its walls. The end of life reflectivity 
of the plastic film facets is 0.877. This is the reflectivity after z reduction of 2.25% due to meteor 
oki scouring, in 30 years of operation. 

The PEP orientation has been selected primarily because moving facets are not required. However, 
other benefits accrue as summarized in Table 3. 2. 3-6. 

The disadvantages of the additional, seasonal antenna axis are somewhat offset by two advantages 
rda'ive to microwave power transmission. The first of these is that rectennas can be switched with- 
out polarization loss even if the antennas are at different longitudes without moving the satellite 
along the geosynchronous path. Additionally, the seasonal antenna axis can be used to provide 
antenna tilt to compensate for Faraday rotation caused by the ionosphere. 

Table 3. 2.3-7 is a breakdown of the Part I! final mass. Prominent elements in this mass are -he 
transmitters, the turbines, the radiator systems, the structure < primarily the facet support structure), 
and the potassium inventory for the system. The turbine mass was estimated by General Electric 
and represents a value which is probably correct to within +20% and -40%. 

Thermal Engine Conclusions 

It wis determined that the potassium Rankine cycle thermal engine is the lightest of the potential 
approaches investigated. At the beginning of this study the solar concentrators involved steerable 
facets with individual power supplies, sensors and servomechanisms. These have been eliminated by 
using a perpendicular-to-ecliptic orientation and a concentrator dish of the requisite curvature. 
Instead of electromechanical pumps, composed of an electric drive motor and a pump with the 
requisite seal between them (which could be subject to leakage), we now utilize electromagnetic- 
pumps. Although somewhat heavy, the low pumping power associated with potassium Rankine 
makes these potentially low-failure-rate pumps practical. Although certain materials such as silicon 
carbide and tantalum may offer advantages for thermal engine SPS they are either too advanced or 
insufficiently abundant to allow them to be baselined, flic materials selected are in common use 
and resource data indicates that there is enough to allow a significant thermal engine program to bo 
accomplished. The perpendicular-to-ecliptic plane orientation is critical in allowing the fixed 
reflector facets. This requires somewhat more thruster power, but is a proper orientation for the 
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Table 3.23-6 ‘Tripawrtfrnlm in FrBpUr Plut n Orientatloa 

HUS 


DISADVANTAGES 


ADVANTAGES 


• HIGHER PROPELLANT CONSUMPTION • 

(UNLESS CONFIGURATION IS 

tNERTIALLV SYMMETRIC. USES • 

MAGNETIC TORQUEING OR SOLAR 

PRESSURE EFFECTS) • 


• BEST PERFORMANCE REQUIRES 

TIGHTER ATTITUDE CONTROL • 

LIMITS (E.G-. 0.1°. NOT 0i°) 

• 

• REQUIRES ADDITIONAL (SEASONAL) 

AXIS ON ANTENNA 

• 300 MW PEAK POWER REQUIRED 

TO OPERATE THRUSTERS • 


FACETS NEED NOT FOLLOW SEASONAL SUN MOTION 

ELIMINATES COSINE EFFECT ON SIZING 

FACETS NEED NOT BE SPACED APART TO ALLOW 
MOTION 

LOWER METEOROIO ~.oX ON RADIATORS 

ADDITIONAL ANTENNA AXIS PERMITS TRANS- 
MISSION TO VARIOUS RECTENNA LONGITUOES 
WITHOUT POLARIZATION LOSS (FROM GIVEN 
ORBIT LONGITUDE) 

ADDITIONAL ANTENNA AXIS PERMITS 
COMPENSATION FOR DIURNAL IONOSPHERIC 
FARADAY POLARIZATION ROTATION 


• RADIATOR IS ALWAYS EDGE ON TO THE SUN 

• CONSTANT THERMAL ENVIRONMENT FROM 
FIXED SOLAR ORIENTATION 


VS-1UJ 


Table 3 . 2 . 3-7 Potawaum Rankiae SPS Mai Statement 


STRUCTURE 

10® kg 
6.976 

FACETS 

1.837 

RADIATOR (W/O POTASSIUM) 

10.768 

POV DIST 

4.760 

SW. GEAR 

0.218 

GENERATORS. ACCESSORY PACK 

2. SOS 

GENERATOR RADIATORS 

1.140 

TURBINES 

13.755 

PUMPS. PUMP RADIATORS 

0.984 

BOILERS S> MANIFOLDS 

3.296 

CAVITY ASSYS 

1.000 

CPCS 

0.299 

LIGHT DOORS 

0.025 

MOM TOR, COMMAND & CONTROL 

0.100 

ATTITUDE CONTROL 

1.200 

START LOOPS. CONTROLS 

0.250 

ANTENNA SUPPORT 

0.286 

MISC. INCLUDING STORAGE 

0.200 

POTASSIUM INVENTORY 

6.058 

POWER GENERATION 

55.660 

ANTENNAS 

24.384 

SPS 

80.044 
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thermal engine SPS. The turbines themselves, at their size of approximately 32 megawatts, use 
forgings which can be produced by existing U.S. industry. Little new industrialization is therefore 
required for the therma 1 engine STS. The nation's current production capability is probably ade- 
quate to produce one SPS per year. 

3.2.4 Space Construction and Transportation Operations 

The Iwear dimensions of an SPS are some three orders of magnitude larger than the linear dimen- 
sions of the payload bay of any plausible launch vehicle that might be used to deliver SPS hardware 
toorbit. The mass of an SPS is at least two orders of magnitude greater than the lift car ability of 
any plausible launch system. These figures clearly indicate that some sort of construction operation 
in orbit will be required. The question of where ;i.e., in what orbit) this should take place was sum- 
marized earlier. This section describes the evolution of design concepts for space construction sys- 
tems and a more detailed comparison of the equipment and operations needed for construction of 
photovoltaic SPS ? *s compared to thermal engines and for LF.O construction compared to GEO 
construction 


3.2 4. 1 Integrated Operations 

Production of SPS's will require a logistics and operations network stretching from raw materials on 
Earth to finished products in space. The operation of the Earth-based network appears to pose no 
unusual problems.* but the space operations are much more complex and on a much larger scale 
than any thing yet achieved. This description of integrated operations concepts will provide a 
framework for further technical discussion. 

The operation* concepts for low Earth orbit (LEO) construction and geosynchronous orbit (GEO » 
construction are similar with important differences. The LEO concept is shown in Figure 3. 2.4-1. 
The figure illustrates the photovoltaic option. (Photovoltaic and thermal engine construction are 
compared in Section 3. 2.4-5.) Space operations crews and all hardware and consumables required 
in space are delivered to low Earth orbit by launch vehicles. The crew vehicle was assumed to be an 
improved space shuttle wit h the solid rocket boosters replaced hv a reusable liquid propellant 
booster. The cargo vel ; cl** is a new two-stage vehicle capable of delivering approximately 400 tons 
of payload per fight. Grew flights occur weekly and about 5 cargo flights are required every 2 days, 
to each space operations complex. (One operations complex was somewhat arbitrarily sized to con- 
struct an SPS m one year Construction of more than one SPS per year could employ multiple com- 
plexes or possibly larger ones.) 

The largest element of the LEO construction complex is the construction base, nominally located in 
a 478 km circular orbit at 3 1 0 inclination. This facility houses a crew of 480 with overflow quar- 
ters for transients, c.g.. those awaiting transportation to some other location. The primary function 


‘The hardware throughput to construct one SPS per year is about 1 5 tons per hour. The hardware* 
throughput of rhe U.S. auto industry is roughly 100 times greater. 
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of the facility is construction of SPS power generation modules and antennas. It also serves as a 
staging base for orbit transfer vehicles used to carry crews and crew supplies to the GEO faculty. A 
crew OTV flight to the GEO facility normally occurs once every thret months. 

Satellite modules are equipped with electric propulsion systems and flight control systems for the 
solar-powered trip to GEO. Figure 3.2.4-2 shows a typical module arrangement as configured for 
the transfer. Thruster installations are located at the module comers for maximum control author- 
ity. Propellant tanks are located near the module centroid to minimize gravity gradients. Although 
the propulsion system is primarily solar-electric, some chemical (LCK/LH-,) thrust capability is also 
provided so that control authority can be maintained while flying through the Earth’s shadow. 
Because of the comparatively low chemical specific impulse (400 seconds versus 7500 seconds for 
the electric thrusters) and 1/3 of the onboard propellant is LOt and LH-». The remaining 2/3 is 
argon for the electric thrusters. 

The GEO base controls module rendezvous and berthing, rotates the antennas into the operating 
position, deploys the remainder of the solar cells and anneals the solar cells used for orbit transfer 
to restore their performance after their exposure to van Allen belt radiation during the transfer. 

The GEO base is manned by a crew of 60. 

In the case of GEO construction, most of the crew and the large base are located at GEO. All con- 
struction is carried out at this base. The integrated operations concept is shown in Figure 3. 2.4-3. 
The base in low Earth orbit performs no construction tasks: it is a transportation staging base that 
facilitates transfer of propellants and payloads from the Earth launch vehicles to orbit transfer vehi- 
cles The staging base receives about three flights from Earth each day. On the average, slightly 
more than two of each three flights will deliver hydrogen and oxygen propellants for the orbit trans- 
fer vehicles (OTV's) with the third flight bringing SPS hardware, or occasionally crew supplies or 
other support materiel. The staging base will also effect transfer of crews from the shuttle crew 
vehicle to a crew orbit transfer vehicle and provide sufficient transient or emeigency crew quarter 
ing for crew operations. An orbit transfer flight must be dispatched to GEO every day. delivering 
SPS hardware, or (once every month) an exchange crew for the GEO base. Such in-space refurbish- 
ment of OTV’s as is necessary and practical will be carried out at the staging base. Parking space for 
the OTV fleet is also provided by the staging base. (A ground-based versus space-based OTV trade 
study was conducted and showed the space-based OTV to have about a 1 5% performance and cost 
advantage.) 

The GEO construction base is very similar to the LEO base, differing primarily in that ( 1 ) since the 
power generation portion of the SPS is built as a monolith rather than as modules, the 2 x 4-bay 
construction base must index the satellite in two directions to build an 8 x 32-bay satellite; (2) pro- 
cedures for installing the completed antennas are different. The antenna portion of the facility 
must be able to separate and free-fly to the free end of the satellite then half complete, to install the 
first antenna. It then returns to the main facility: the second antenna and the power generation 
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section are completed concurrently and the f re e-flight mode is not required to install the second 
antenna (Many alternatives to the free-flight mode were examined, but all involved operational 
complexities or problems judged to be more objectionable.) 

The GEO construction option does not require electric-propelled low thrust orbit transfers. The 
electric propulsion installations on the SPS for operational flight control are a little more than 5% 
of the thrust level of those required for orbit transfer (125-1 50 newtons per installation vs. about 
2000 newtons) but otherwise involve very similar hardware. As discussed under control require- 
ments in Section 3.2.2. 1 . reliance on chemical propulsion for operational flight control would 
impose severe propellant resupply requirements. 

3.2.4. 2 Historical Synopsis 

The initial studies of the SPS concept in the early I970's gave primary emphasis to the issues that 
seemed most awesome to the investigators at that time. 

( 1 ) The feasibility of a wireless energy transmission system requiring unprecedented antenna size, 
precision, directivity, and efficiency; 

(2) The design of a lightweight structure of unprecedented size; 

(3) The transportation of unprecedented masses of total payload into space at what had to be a 
much lower cost per unit mass than predicted for any system then under active study or 
development. 

By 1973. favorable resolution of these issues began to seem possible and the construction problem 
began to receive much-deserved attention. Three options were quickly identified: deploy .assemble 
fabricate. There was a natural desire to minimize the workload in space, so initial attention was 
focussed on deployables. 

Figure 3. 2.4-4 shows an early construction concept with a tubular truss structural element being 
deployed from its folded configuration. Calculation showed that the package density for folded 
structure of this nature was incredibly low, so low that mixing with high density components still 
presented a very difficult payload volume problem to the launch vehicle designer. In fact, any 
plausible tubular truss element, even if stacked like eordwood. presented a serious density problem. 
This led to a line of thought (pioneered by Grumman Aerospace) that developed concepts of fabri- 
cating structure in space from prepared flat stock. The latter could be rolled for shipment to attain 
high densities. Current concepts of SPS construction in space have developed around this and simi- 
lar methods for producing the SPS structure. 
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3.2.4 .3 Construction of Structure 

Once the density issue had surfaced and been characterized, the emergence of concepts for on-orbit 
structure fabricators (“beam machines’*) was inevitable. The essential purpose of the beam machine 
is to make something with acceptable structural characteristics for SPS use out of something with 
acceptable packaging density for launch from Earth. Two approaches have evolved, the “assembler” 
machine and the “fabricator” machine. Figure 3. 2.4-5 illustrates an “assembler” concept and 
Figure 3. 2.4-6 illustrates a fabricator. The assembler makes structure from prefabricated 
nested ps r ts and the fabricator makes structure by forming flat stock into suitable sections and 
assembling the beam from these sections. The former device uses mechanical joints: the latter uses 
bonded joints. A qualitative comparison of the resulting types of structure was presented earlier in 
Section 3. 2. 2. 2. Considerable discussion has taken place over which approach is best. No clear cut 
advantage was found for either. A selection may require an operational suitability comparison of 
prototype machines. 

Beam machines of either variety are predicted to produce 20-meter triangular-section beams at one 
to fifteen meters per minute. A rate anywhere in this range is acceptable and will allow relatively 
few machines to make enough structure for an entire SPS in one year. An important result of this 
study was how these and other kinds of machines could be effectively employed in an integrated 
construction system to build SPS's. 

3.2.4.4 Construction Facilities 

Earlier construction base concepts, such as the one illustrated above in Figure 3.2.-M, included a 
minimum of facilities and equipment. At that time no comprehensive analyses of construction 
operations had been conducted. This study invested considerable effort in such analyses (see Vol- 
ume 3 of the Part I report and Volume 5 of the Part II report). Out of these grew an awareness of 
the need of facilities. The construction operation must carry out several operations: 

(1 ) Receive payloads from Earth, unpack and sort them, and route the hardware to the right loca- 
tions in a timely manner so that construction operations can proceed without logistics delays. 
Some warehousing is required to smoothly interface transportation and construction 
operations. 

(2) Build the SPS energy conversion, antenna and interfacing structures. 

(3) Install all equipment: solar arrays, power conductors, processing and switch gear, instrumenta- 
tion, antenna subarrays. flight control systems and support systems. 

(4) Perform checkouts. 

(5) Route reusable payload packaging hardware to transportation operations stations for return to 
Earth by returning launch vehicles. 
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A representative dimension of an SPS hardware element, e.g., a beam section or photovoltaic panel 
width, is 20 meters (66 feet). The zero-g environment greatly facilitates handling of these large ele- 
ments; nonetheless, machinery and equipment of an appropriate scale is essential. Building the 
energy conversion portion of the photovoltaic SPS requires fabrication of structure, installation of 
solar arrays, installation of switchgear and power conductors, and installation of instrumentation, 
controls, propulsion and presumably many other items of secondary equipment not yet identified 
in the SPS designs An analogous set of tasks has been identified for the thermal engine option; 
constiuction tasks are pictorially summarized in Figures 3. 2.4-7 and 3. 2.4-8. 

One could imagine using the satellite structure itself, as it is built, supporting this construction 
equipment (early construction concepts, in fact, did). Structural and other design impacts on the 
SPS would presumably result. Also, serious questions are raised as to how the equipment is to be 
moved, serviced, supplied with power or controlled, and how personnel and SPS hardware are to 
be moved from receiving stations or crew quarters to work stations. The construction facility 
allows resolution of all these issues. It provides for conduct of major construction steps in parallel 
with a minimum of interdependence and interference, it provides support for the SPS while it is 
being worked on. It allows the various construction machines to operate independently so that a 
problem or breakdown at one machine need not interfere with the operation of others. Spare 
(backup) machines can be made available as necessary. The construction facility can be sized to 
provide enough parallel work areas to achieve the desired production rate, (one SPS per year tn the 
subject studies). Equipped with crew habitats and work stations, transportation handling and bus- 
ing systems, and an onboard crew and cargo logistics network, the facility becomes an integrated 
construction base. 

LEO Bases 

The construction base for the photovoltaic satellite consists of two connecting facilities with one 
used to build the energy conversion modules and the other to build the antenna, as she vn in Figure 
3. 2.4-9. The module construction facility is an open-ended structure which allows the four-bay- 
wide module to be constructed with only longitudinal indexing. There are two sets of internal 
working bays. The aft bays are used for structural assembly using beam machines and joint assem- 
bly machines attached to both the upper and lower surfaces of the facility. Solar array and power 
distribution are primarily installed from equipment attached to the upper facility surface in the for- 
ward bays. The satellite module is supported by movable towers located on the lower surface of the 
facility. These towers are also used to index the module as it is being fabricated. 

The antenna facility is configured to enclose four antenna bays in width and four rows of bays in 
length. The minimum plan-view shape of the facility is obtained through use of a 60 degree paral- 
lelogram. This shape results because the basic unit of the primary structure is triangular in shape. 
The lower surface of the facility is used to support beam machines, joint assembly machines and a 
deployment platform that is used to deploy the secondary structures and antenna subarrays. 
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Figure 3.2.4-9 LEO Construction Base Photovoltaic Satellite 
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The thermal engine satellite construction base shown in Figure 3.2.4-10 has been designed to 
surround the thermal engine satellite module. As a result of the 3-dimensional nature of the ther- 
mal engine concentrator, the base exhibits some rather lao** dimensions. The construction opera- 
tions are performed in three separate levels or areas of t, .* base. The antenna construction facilities 
and those provisions necessary to construct the antenna yoke are at the lower level. Immediately 
above this area is the reflector construction factory which includes equipment necessary to 
construct u Hector structure and install reflecting facets. Deployment of the constructed reflectors 
is accomplished using indexing devices moving down two side rails. Th”--» -r.u u ] so used to sup- 
port beam machines used to construct the four supporting legs between the reflector surface and 
the focal point. At the upper level of the construction base is located the focal point factory which 
has the task of constructing the second stage concentrator, cavity, installing the thermal engines, 
constructing radiators and the spine which serves as the power distribution system. A fourth area, 
only used in the construction of two modules, is the assembly platform used to form the antenna 
structure support point for the antenna. 

Because the satellites must be transferred from LEO to GEO in modules in order to have adequate 
attitude control authority, and because the solar cells not needed for transfer power (in the photo- 
voltaic case) should be retained ir. their shipping boxes for added radiation shielding, several tasks 
remain to be accomplished at geosynchronous orbit when the modules arrive. These are summa- 
rized for the photovoltaic system in Figure 3. 2.4-1 1. Analogous tasks exist for the thermal engine, 
except that since it is not as sensitive to radiation, all thermal engine equipment is deployed at LEO 
prior to initiating the transfer. In either case, the crew size for the GEO base is approximately 60. 


GEO Bases for GEO Construction 

The G u O construction base has also been sized to construct a satellite in one year and consequently 
i« of me overall size as the LEO construction base. The photovoltaic GEO base and its sup- 
port .L.O base are illustrated in Figure 3. 2.4-1 2. 

Indexing the satellite construction facility in two directions rather than one is required. Th s has 
been judged to be more cost effective than having a full width facility and additional construction 
equipment with the equipment idle half of the time. The mass difference for the GEO construction 
base, compared to the base for LEO construction, primarily reflects the additional mass required for 
crew shielding protection against solar flan s. Other significant differences in the GEO c< nstruction 
base are the outriggers on the satellite facility to allow lateral direction indexing in addition to the 
movement of the antenna facility from one end of the satellite to the other. 

The staging depot located in LEO in this construction option is sized t .aippoi t the construction of 
one satellite per year, and accordingly requires one SPS component 01 light per day. based on a 
five day a week launch and flight schedule. As such, the depot must provide accommodations for 
three launch vehicle payloads: the SPS components and two propellant tankers used to refuel the 
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mbit transfer vehicles. Since the orbit transfer vehicle propellant loading requires slightly more pro- 
pellant than can be provided by two tankers, a storage tank is also provided at the stapng depot and 
is refueled every’ fourth OTV flight. Other docking accommodations are provided for a dedicated 
OTV used lor GEO crew rotation/resupply on a once per month basis. Tf is operation also requires 
docking for supply modules and crew transfer vehicles. The operational crew size for the staging 
depot is 75. They can be accommodated in one module similar to the crew modules used in the 
GEO construction base. A transient crew quarters module is also provided to accommodate the IbO 
personnel rotated with each crew flight to the GEO base. A maintenance module is included at this 
base for repair work on the transportation systems and base equipment. 

32.4.5 Construction Equipment 

The major construction equipment items associated with the photovoltaic satellite are illustrated in 
Figure 3. -.4-1 3 and Figure 3. 2 4-1 4. along with key characteristics such as quantity, mass and 
dimensions. The beam machine shown is configured to allow two beam machines to form all the 
main structure. Accordingly . it has both translation and rotational capability. The dimensions and 
mass indicated are for the segmented beam approach although machines fabricating thermally 
formed continuous chord structure could be attached to the same frame and used in a simili.-r 
manner. 

Crane manipulator systems are primarily used to form the structural beam joints. Although the size 
shown is most common, several 230 meter units are also required in the construction of the antenna 
yoke as well as several 20 meter cranes. Two-man control cabins with manipulators are located at 
the end of the crane which is itself attached to a moving platform. 

The principal difference between the soiar array deployment machine described here and those illus- 
trated in previous documents is that the gantry itself is located approximately 50 meters below the 
facility beams since that is the location of the upper surface of the satellite. 

The most significant unique piece of equipment used for antenna construction is the subarray 
installer show n in Figure 3 2 4-14. Long-boom manipulators are used to string the power leads 
from the power processors through the antenna structure to the subarray s. 

Construction equipment requirements were also determined for the thermal engine option and are 
described in Volume V of this report. Because of the greater complexity of the thermal engine, 
about twice as many kinds of equipment are needed. 
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Figure 32.4-1 3 Major Construction Equipment Photovoltaic Satellite 
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3. 2.4.6 Representative Construction Sequence 

The photovoltaic LEO construction sequence is presented here. Sequences for all four options (LEO 
and GEO, photovoltaic and thermal engine) were developed and are presented in Volume V of this 
report. 

The module construction sequence for the structure, solar array and power buses begins with build- 
ing the first end frame of the structure. This completed end frame is indexed forward one structural 
bay length. Machines can th» n form the remainder of the structure in each of the bays. The fust 
row of four bays is then indexed forward to allow construction of the fifth structural bay in parallel 
with installation of solar arrays in bay I through 4. This sequence is shown in Figure 3.2.4-15. 

Solar array installation and construction of structure occurs simultaneously across the width of the 
module, although neither operation depends on the other. At the completion of the 16 bays (four 
rows of bays in length ' the power buses and propellant tanks are installed. Construction of the 
structure and installation of solar arrays of the remaining four bay lengths of the module are done 
in a similar manner to that previously described. Thruster modules for the self-power system are 
attached to each of the four comers of the module. 

Construction of the antenna takes place in parallel with module construction. The first antenna is 
completed during construction of the fourth module, the second antenna is completed with the 
eighth module. 


As shown in Figure 3.2.4-16 the yoke for the antenna is constructed in the module construction 
facility because of its large dimensions. This requires the yoke to be made between the third and 
fourth module and between the seventh and eighth modules. Following yoke construction, it is 
moved to the side of the module facility. At that time either the fourth or the eighth module will 
he constructed. During the construction of these modules, the antenna is completed so that it can 
then he attached to the yoke. After five bays of either the fourth or eighth module have been com- 
pleted. the antenna/yoke combination can then be attached to the module in its required location. 
Construction of two more rows of bays pushes the antenna outside the facility w here it then can be 
hinged under the module for its transfer to GEO. 

The first operation to occur once the modules reach GEO is that of the berthing (or docking) of the 
modules. In the case of the photovoltaic satellite, the nodules are berthed along a single edge as 
indicated in Figure 3. 2.4-1 7. The major equipment used to perform these berthing operations are 
shown. The concept employs the use of four docking systems with each involving a crane and three 
control cables. Variations in the applied tension to the cables allows the modules to be pulled in. 
provide stopping control and provides attitude control capability. Also required in this concept is 
an attitude control system involving thrusters which arc not shown. 
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Figure 3.2.4-17 GEO Berthing Concept Photovoltaic Satellite 
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In its shipment position the antenna is attached below the module with a single hinge line. Once 
GEO is reached, the antenna is rotated into position followed by the final structural and electrical 
connections, as indicated by Figure 3. 2.4-1 & 

The overall integrated construction and transportation timeline for this sequence is given in Figure 
3.2.4-19. Detailed supporting timelines are presented in Volume V of this report. 

3.2.4. 7 SPS Options Construction Comparison 

The difference in crew size and distribution of crew is compared in Figure 3.2.4-20 for the two 
satellite concepts. The photovoltaic satellite requires approximately 300 fewer crew, with ali this 
difference occurring in the low Earth orbit construction base. The reason for the larger crew 
requirements for the thermal engine satellite is the more complex construction operations. This con- 
tributes to the construction indirect personnel and support personnel manloadings. 

There are no significant differences in crew size between LEO and GEO construction. The differ- 
ence is in the location of the majority of crew reflecting in differences in transportation 
requirements. 

Figure 3.2.4-2 1 presents ROM mass estimates for the construction bases as well as crew rotation/ 
resupply comparing the photovoltaic and thermal engine options. In the case of the LEO construc- 
tion bases, the photovoltaic satellite base is lighter by approximately 3 million kilograms. The 
major contributors to the greater mass of the thermal engine construction base are the large founda- 
tion (structure) along with three extra crew modules for the 300 additional people and. as previ- 
ously described, additional construction equipment. The GEO final assembly bases are approxi- 
mately equal. Differences in the annual crew rotation resupply requirements reflects the 300 differ- 
ence in crew size. Base mass differences between LEO and GEO construction are not significant 
although the locations result in significant differences for transportation. 

The comparison of the unit cost of the first set of construction bases in Figure 3.2.4-22 indicates 
over a 4 billion dollar savings for the photovoltaic satellite. These values include a 90/7 learning 
factor applied to each major end item. (Transportation costs are not included.) The principal dif- 
ference in the facility cost is the three extra crew modules and the large difference in construction 
equipment quantity. The differences in construction base cost and crew size were one of the signif- 
icant factors in the determination that the photovoltaic system represents the preferred SPS 
concept. 
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Figure 3.2.4-18 Antenna Final Installation Photovoltaic Satellite 
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Figure 3.2.4-19 Photovoltaic Satellite LEO Construction Timeline 


123 




0180-22876*2 



PHOTOVOLTAIC THERMAL 

SATELLITE ENGINE 

SATELL.TE 


• 10 HOUR DAY 

• TWO SHIFTS/OAY 

• 6 DAYS ON/ 

1 DAY OFF 

• 90 OAY STAYTIME 


Figure 3.2.4-20 Crew Size and Distribution LtO Construction 
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Figure 3.2.4-21 Construction Mass Summary 
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Figure 3.2.4-22 Construction Base ROM Cost First Set 
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3.2.4.8 Transportation Systems Background 

Some of the earliest studies of SPS’s assumed that the space shuttle would be the primary means of 
transportation to low Earth orbit. These early studies were more or less concurrent with studies of 
two-staged fully reusable shuttles then predicted to deliver payloads to orbit (cm a shuttle traffic 
model) at about $220/kg (SlOO/lb). Costs to GEO weald have fallen in the S660-S880/kg (S300- 
S40O/lb) range. At these high transportation costs (take S800/kg as representative) SPS's could have 
no more mass than 1.25 kg/kw c to bring the transportation cost even as low as Sl000/kw e . This is 
just about the figure quoted for SPS’s by the early studies; it was necessary to invoke advanced 
technology or optimistic design assumptions to offer any hope of achieving masses this low. 

This was. in effect, placing all of the burden of technology advance on the SPS. assuming that the 
space shuttle, designed for a very different job. would be the best space transportation available to 
an SPS program. 

In 1974. during the early phases of the Future Space Transportation Systems Analysis Study spon- 
sored by JSC. etimates were made that with a more plausible SPS technology, transportation costs 
would need to be as low as S45/kg ($20/lb) to make SPS’s economically feasible. It was also recog- 
nized that an SFS traffic model would represent at least 100 times the annual payload to low Earth 
orbit extant in the then current 60 flights/year shuttle traffic model. An investigation of design 
trends by D. Gregory quickly indicated that vehicles aimed at such a market would be larger, fully 
reusable, would emphasize payload delivery with little or no return capability, and would not have 
too much difficulty attaining the S45/kg target. 

Subsequently, the Heavy Lift Launch Vehicles study, sponsored by JSC and later managed by 
MSFC, confirmed these results, predicting S33/kg (SI 5/lb) for the vehicle depicted in Figure 3.2.4- 
23. Subsequent more detailed operations analyses, under a continuation of the same study, con- 
firmed this figure. During this time (circa 1976) it was believed that SPS payloads would be very 
low in density, as low as 20 kg/rn^. Accordingly, the vehicle illustrated had a large expendable 
shroud. The shroud, which had to be replaced for each flight, contributed $3.8 million to the cost 
of each flight 


As payload packaging and packaging density analyses evolved during the current study, an average 
payload density of 75 kg/m^ appeared achievable through mixing of different payload types. This 
increase was largely due to the increase in structural density afforded by beam machines. 
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Figure 3.2.4-23 HLLV Two-Stage Configuration 
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3. 2.4.9 Transportation Requirements Summary 

As a part of the current study, a significant effort was made to understand and document SPS trans- 
portation requirements. The results were presented in Volume IV of the Part I report. A synopsis of 
those requirements most important to vehicle design and selection follows: 

Cargo Launch Vehicles (Heavy Lift Launch Vehicles, HLLV’s) 

These <ehicles have the primary function of delivering heavy cargo to low Earth orbit. Most of this 
cargo will be SPS hardware and orbit transfer propellant. Low cost per unit payload mass delivered 
to low Earth orbit is an overriding requirement. The following general vehicle requirements were 
identified: 

• Recurring cost should be minimized. Accordingly, the vehicles should be cornpk iely reusable, 
with a design life of at least 300 flights, capable of fast recycle after use, employ low-cost pro- 
pellants and minimize propellant energy consumption. 

• A large payload volume capability should be provided. A payload density of 75 kg/m^ is 
needed to allow mass-limited launch operations. 

• Large payload mass is desirable. Vehicles in the range 100 to 400 (metric) tons payload capa- 
bility were studied. The high end of this range is desirable for a mature program; the smaller 
vehicles may be adequate in a developmental or early commercial phase. 

• Vehicles and their launch facilities should be capable of sustaining high launch rates, reaching 
about 10 flights per day after several years’ operations and should allow salvo launches of two 
to five vehicles at roughly l-m..;ute intervals. 

• The upper stage of the vehicle :or the entire vehicle, if a single-stage system) should be capable 
of flying to an operation base in low earth orbit to deliver its payload. Payloads will be palle- 
tized. A change of the launch vehicle from payload configuration to tanker configuration 
should be possible at the launch site without major disruption of launch processing operations. 

• The design reference launch site is KSC. The design reference orbit is 478 km altitude at 31° 
inclination. 

• The vehicle should be designed for minimum environmental impact. This includes ( 1 ) selection 
of propellants, engine cycles and flight profiles that minimize atmosphere pollution and (2) 
remote launch and recovery’ operations to the degree necessary to control noise. 

• In the event of an abort, recovery of the vehicle is given priority over recovery of the payload. 
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• Thevehides should have a return payload capability of roughly 10^ of delivery capability to 
aBow for return of empty tankers and payload pallets. 



The personnel launch vehicle was assumed to be an uprated shuttle with the payload bay converted 
to be capable of carrying 75 p as s e nger * . A liquid booster was assumed to replace tire solids to 
reduce cost per flight and atmosphere pollution. 

Oibit Transfer Vehicles 

Orbit transfer vehicles (OTV’s) serve to transfer crews and cargo between low earth orbit and geo- 
synchronous orbit. Orbit transfer vehicle requirements are summarized as follows: 

• Low cost is paramount. Accordingly, the orbit transfer vehicle should use liquid oxygen and 
liquid hydrogen as propellants, should be completely reusable, should be staged to improve 
efficiency, should permit fast turnaround, and should be capable of at least 50 reuses. 

• Space-basing is desirable. The vehicle should be designed for efficient on-orbit propellant trans- 
fer from tanker . Sen ,ces such as propellant transfer pumping may be provided by an opera- 
tions bare. 

• Mission duration capability should be a minimum of 7 days. 

• It should be a design goal to eliminate all fluids requirements except LO-> and Lll-., in order to 
simplify on-orbit servicing. 

• The OTV should be matched to the cargo launch vehicle in the sense of having the capability 
to deliver an entire cargo payload to GEO without repacking at the LEO base. No cargo return 
payload is required for this mission case-. 

• For crew rotation missions, a crew module will be provided as a payload for me OTV’. Round 
trip capability is required for this payload. 

• The OTV shall be designed for crew safety. The OTV flight profile shall avoid, even as a trans- 
ient condition, state vectors that do not represent a stable earth orbit from which a rescue can 
be accomplished. 

Electric Propulsion Orbit Transfer System 

The study indicated that minimum SPS system cost could be realized if SPS modules are con- 
structed in low earth orbit and transferred to GEO under their own power using electric propulsion. 
Electric propulsion hardware must be f tted to the modules for this purpose. General requirements 
are as follows: 
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• Low cost is paramount. Therefore the electric propulsion hardware should be efficient (to 
minimize power consumption ami resultant design scar on the SPS modules). It may be desir- 
able to avoid the necessity for return of the electric propulsion hardware to low earth orbit for 
reu*e. Therefore, this hardware should be designed for low production cost and minimum con- 
sumption of critical materials. 

• i~he propellant should be plentiful and non-polluting. e.g. argon. 

• The thrusting system should be capable of large gintbal angles as required by (light control. 

• The system shall provide power processing as necessary to minimize total cost, including 
design/mass scars .on the SPS modules. 

• The system si. -11 provide chemical thrust capability (total impulse and thrust level TBDI as 
necessary to control SPS module attitude when module power is not available. Up to 90 min- 
utes chemical thrust operation shall be possible without module power. 

• The system l$p shall be selected lor minimum overall SPS cost. Depending on SPS characteris- 
tics, Isp's in the range 2500 sec to 7500 sec may be desired. 

• The system shall be capable of at least 5000 hours operation without entering the wearout 
regime of failures. 

• The system shall provide its own services, e.g. thermal control, drawing only unprocessed 
power and possibly control signals from the SPS module. 
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3.2.4.10 Payload Packaging 

Payload packaging considerations affect both construction and transportation operations. The 
packaging analysts for tie photovoltaic satellite reflects the structure fabrication approach (beam 
machines) and the first definition of the antenna. Packaging density and the number of units are 
presented in Figure 3.2.4-24 for the major components. The component presenting the greatest 
problem is the antenna subarrays with a median packaging density of only 28 kilograms per cubic 
meter. The payload shroud requirement had previously been set at 75 kilograms per cubic meter. 
Analysis has shown that since actual payloads have irregular shapes, the effective density of the pay- 
load within the shroud will be less than the average of individual component densities. 

An estimate for the mixing of the various components for delivery to LEO is illustrated in Figure 
3.2.4-25. The number of flights indicated are for the mix of components and are not meant to be 
indicative of the actual launch sequence. The dominating item was the antenna suharravs included 
in 246 out of 247 total flights (of identifiable hardware 1. Fortunately, the high density solar arrays 
can be used to offset the lower density subarrays during most of their launches. Unlike the Part I 
analysis where only about 25 to 30% of the payload shroud was used (antenna undefined', a more 
complete understanding of the antenna and desire to deliver subarrays fully assembled has resulted 
in using the entire volume of the payload shroud in order to achieve a mass-limited launch condi- 
tion. The component density for the photovoltaic satellite reaches average density of approxi 
mutely 95 kilograms per cubic meter is indicated. The reference 23 meter by 17.5 meter payload 
envelope with a volume utilization factor of 0% requires a component density of 93 kilograms per 
cubic meter in order to reach a mass limited condition. 

The thermal engine satellite component density is approximately 66 kilograms per cubic meter 
primarily due to the low density of radiators, reflecting facets and antenna subarrays. Should the 
antenna subarrays be divided into a waveguide/structure section and klystron tube section, the 
density would go up to 76 kilograms per cubic meter. This, however, requires assembly of the sub- 
arrays in orbit which is deemed undesirable. Consequently, the thermal engine concept presents a 
difficult case for achieving mass limited launch conditions. 

The number of flights shown in Figure 3.2 4-26 for the photovoltaic satellite reflect mass limited 
launch conditions. The thermal engine case is shown for both an expendable shroud large enough 
to reach a mass limited condition and a reusable shroud option. Launch cost for these options are 
compared in the third set of bars in the figure. For the thermal engine system, the expendable 
shroud shows approximately a 300 million dollar savings per satellite as compared with a reusable 
shvoud due to the low cost (2 million dollars! for the expendable shroud when large quantities are 
procured. It should be noted that the thermal engine satellite will also utilize reusable shrouds for 
the delivery of crew and supplies and delivery of construction requirements. 
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The most important conclusions from the packaging and payload density studies were: 

• Payload volume requirements are a major design consideration for the transportation system, 
especially Earth la- inch vehciles. A payload bay computed density greater than 75 kg/m^ is 
likely to result in volume limited launches with attendant cost penalties. Payload physical sizes 
are large. Penalties associated with smaller payload bays have not been adequately assessed, but 
diameters of at least 1 5 m appear to be highly desirable. 

• Achievement of adequate payload packaging densities requires mixing of component types for 
most launches. This means that ( I ) a payload unpacking area and crew will be required at the 
construction base; (2) some warehousing will be required at the construction base; (3) antenna 
and energy conversion elements of the SPS construction activity must be served by the same 
logistics network. 

• When payload packaging is taken into account, transportation costs favor the photovoltaic SPS 
over the thermal engine option. 

3.2.4. 1 1 Transportation Vehicles and Systems 

Two primary launch system options were characterized, a ballistic two-stage heavy lift vehicle and a 
winged two-stage heavy Uft vehicle. The differences in performance between these two options were 
well within the uncertainty of performance estimation. 

Figure 3.2.4-27 compares the HLLV options. The principal issue between the two sy stems is sea 
landing versus land landing. The sea landing mode requires restart of some of the rocket engines (or 
start of special landing engines) for the powered letdown into the water and the hardware is exposed 
to the sea saltwater environment. There is also some uncertainty associated with landing loads to be 
experienced upon water contact. The winged land landing vehicle avoids these issues. Because of the 
sonic boom profiles for ascent and reentry of the vehicles, and because the winged booster requires 
down range land landing, the winged system introduces significant launch and recovery siting issues. 
No suitable down range land landing sites are available for KSC launch. Potentially usable sites, with 
regions of significant sonic boom overpressure being under government control, exist in the south- 
western United States. These sites are further north than KSC and introduce additional performance 
penalties associated with the plane change required to achieve a zero-inclination geosynchronous 
orbit. Other alternative sites have not been identified. 

Both vehicles described have a liftoff mass of about 10.000 metric tons (more than 3 times the 
Saturn V lunar rocket), and a payload slightly less than 400 tons to the reference 478 km. 31° orbit. 
The winged vehicle does not meet currently-recognized payload bay volume requirements. Both 
vehicles have a calculated cost per flight in the S8 million range at high launch rates. Cost per flight 
calculations are described in more detail in Section 3.2.6.3.3. Detailed vehicle descriptions are 
provided in Volume V of the Part I Final Report. 
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The shuttle, with the addition of suitable crew accommodations in the payload bay and a new- 
liquid propellant booster to reduce cost and atmosphere pollution, has been selected throughout the 


SPS studies as the basic crew launch and recovery vehicle. This modified shuttle capable of carrying 
50 to 75 people to orbit and back is shown in Figure 3.2.4-28. 

srvui 



Figure 3.2.4-28 Personnel Launch Vehicle 
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Crew /Cargo (kbit Transfer Systems 

Transportation operations may be required to support construction operations either at low Earth 
orbit (LEO) or geosynchronous orbit (GEO), depending on which construction location is finally 
selected. In either case an orbit transfer vehicle system is needed to carry crews, crew resupply 
logistics and priority cargo to geosynchronous orbit. Earlier studies has investigated a variety of orbit 
transfer vehicle options and selected the configuration illustrated in Figure 3.2.4-29 as representa- 
tive of a cost-optimal system. It is a space-based oxygen-hydrogen reusable 2-stage rocket system 
refueled bv tankers brought to LEO by the heavy lift launch system. This vehicle serves to deliver 
crews and cargo to GEO from the LEO base. Up to 160 crew can be carried from LEO to GEO and 
returned by this vehicle, with a large crew module as payload. 

Both stages have identical propellant capacity. The first stage provides approximately 2/3 of the 
delta V requirement for boost out of low earth orbit at which point it is separated for return to the 
low earth orbit as well as providing the remainder of the other delta V requirements to place the 
payload at GEO. and the required delta V to return the stage to the LEO staging depot for reuse. 
Subsystems for each stage are identical in design. The primary difference is the use of four engines 
in the first stage compared to two in the second due to thrust-to-weight requirements of approxi- 
mately 0. IS. The second stage requires additional auxiliary propulsion due to its maneuvering 
requirements in the docking of the payload to the construction base at GEO. The OTV shown has 
been sized to deliver a payload taken directly from the launch vehicle (400 000 kg). As a result, the 
OTV startburn mass is approximately 890 000 ke with the vehicle hasing an overall length of 56 
meters. Main engines use a staged-combustion cycle at about 14 MPa (2000 psi) chamber pressure 
and deliver an Isp of 470 seconds with an area ratio of 400. Auxiliary' propulsion uses a thermally- 
expelled pressure-fed 0-*H-» system with a chamber pressure of about 700 kpa (100 psi) and a 
delivered Isp of about 400 seconds. 

During Part I of this study, the natural question arose, “why not make the tanker into an orbit 
transfer vehicle and operate Earth-based?". This was investigated, and it w as found that the space- 
based vehicle had about 15 f T better performance, yielding lower costs. There are two primary 
reasons: 1 ) the space-based vehicle need not be structurally designed to withstand iaunch loads with 
full propellant tanks: 2) the inert mass of engines and other subsystems needed to make the tanker 
into a vehicle need not be hauled back and forth from Earth to LEO. Concurrent with this SPS 
study, an orbital propellant depot study by General Dynamics has identified practical means of pro- 
pellant transfer with minimal losses. The space-based system was selected as the preferred option. 

If the SPS is constructed in low Earth orbit in a modular fashion, the electric generating capability of 
the modules may be used to drive electric propulsion systems to effect the orbit transfer. Each 
module is equipped with electric propulsion installations, propellant tanks and the other subsystems 
necessary to convert it into a powered spacecraft. A joint cost optimization of Isp and trip time 
resulted in selection of a 180-day transfer at 7500 seconds electrical ISP. The cost of invested capital 
has a significant influence on the optimization as illustrated in Figure 3.2.4-30. This occurs because 
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the transfer time causes a delay in the SPS entering service. Consequently, interest costs on invest- 
ment in the SPS accumulate during the transfer: these costs trade against the reduction in thrust 
level (and therefore installed propulsion hardware cost! that occurs with acceptance oflonger trip 
times. 

The effective Isp of the orbit transfer system, after accounting for losses for attitude control thrust- 
ing and the use of chemical propulsion during transits of *he Earth’s shadow', is about 3000 seconds. 
This high effective specific impulse provides a major reduction in total freight delivery to low Earth 
orbit. The LO-./LH-* orbit transfer vehicle requires about 2. 1 kg of propellant per kg of payload 
delivered to GEO. The high-specific-impulse option requires about 0.25 kg of propellant per kg of 
payload delivered. The net effect is a 50% reduction in the required number of heavy lift launches 
from Earth. There are a number of negative factors associated with the high specific impulse “self- 
powered” mode, but taken in the aggregate they exhibit considerably less cost than the savings in 
Earth Lunches. 

The arrangement of a photovoltaic SPS module as a powered spacecraft is shown in Figure 3.2.4-31. 
One-quarter of the solar blankets are used for the transfer: the remainder are deployed from their 
shipping boxes after the module reaches geosynchronous orl it. The blankets used for propulsion 
power will be degraded by van Allen belt radiation absorbed luring the transfer. They will be 
annealed during the final checkout and preparation process. The antennas are also built at LFO. 
and are transported by two of the eight modules. 

3. 2.4.1 2 LEO/GEO Operations Comparison Summary 

There is little difference ii: orbital crew size between the two construction location concepts, 
although the distribution of personnel is considerably different as shown in Figure 3.2.4-32. 
Staging depot and final assembly manning requirements were also found to be nearly the same. 


Several key environmental factors should be considered when comparing the two construction 
location options. 

One of the main differences between the two construction location options is the large amount of 
solar flare shielding which must be provided for all crew modules located at GEO. Steady-state 
radiation would make EVA at GEO considerably worse than at LFO although only a bare minimum 
of suit EVA is anticipated in either case. 

Occultation* of the construction base at LEO occur 1 5 times a day. while a base at GEO is only 
occulted S8 times per year. The principal effects of occultation arc on the electrical power supply 
and thermal aspects of the structure. The GEO option requires less power. Less array power is 
needed to recharge the nickel-hydrogen batteries used for occultation periods. The pe-alty tot the 
larger power system is relatively small with low mass, low cost solar arrays. Although a GEO base is 
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moie continuously illuminated, the construction base itself produces shadows. Consequently, both 
construction locations require a large amount of power for lighting purposes. Use of graphite, 
epoxy structure in both the satellite as well as the construction base structure should minimize the 
impact of thermal effects. 

Most construction concepts will orient the construction base so it is passively stable for attitude 
control and minimize gravity gradient torque. Although the LEO construction case required con- 
siderably more orbit keeping/attitude control propellant per day. it still results in less than one 
HL.LV launch per year for this propellant makeup. 

Orbiting debris from man-made space systems has resulted in some concern regarding collisions 
during LEO construction. (The flux of objects is much greater at LEO than at GEO.) Tue analysis 
conducted has indicated the potential collision problem is greater with construction in LEO. how- 
ever. simple avoidance maneuvers can reduce the probability of being hit to near zero. 

The collision analysis was done for an environment predicted for the year 2000 including an addition 
of 500 objects per year since 1975. Results of this analysis indicated that the LEO construction 
approach could have forty additional collisions if no preventive action is taken. However, 
rescheduled orbit altitude corrections can essentially eliminate the problem of collision w ith little or 
no additional penalty, as illustrated in Figure 3.2.4-33. Thrust modulation or termination during 
orbit transfer can also be used to prevent collisions. There should be no difference between the two 
construction locations regarding the number of collisions. The LEO construction approach does 
require slightly different opeiations. including the use of debris tracking and warning systems. 


The design impact on the satellite for the case of LEO construction and self-power has been 
described earlier in the description of the photovoltaic satellite. A summary of the key items is 
presented in Table 3. 2. 4-1 . Solar arras oversizing of 5 percent has been included to compensate 
for the inability to completely anneal out all the damage to the cells caused b> radiation occurring 
during transfer and for the mismatch in voltage and current output between the damaged and 
undamaged cells. 

The structural impact includes both that of modularity and oversizing. Modularity includes 
additional vertical members used around the perimeter of the satellite module and lateral beams at 
the end of the modules as well as the penalties for the transfer of the 1 5 million kg antenna sup- 
ported underneath the module. (It should be noted that all module structure has been sized to that 
dictated by the modules used to transfer the antenna.) 

The power distribution penalty is related to the additional length of bus caused by the oversizing of 
the array. The total mass penalty for a LEO-constructed satellite is approximately 4,2 million kg 
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Figure 3.2.4-33 Collisions with Man Made Objects 
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tor the selected self-power transportation system. It should be noted that the array oversizing and 
power distribution penalty depend on the particular performance characteristics selected for the 
self-power system. 

Transportation requirements associated with the payloads of each construction location concept are 
shown in Figure 3.2.4-34; no OTV propellant mass is included. 

The difference in satellite mass reflects the structural mass penalty of the additional vertical and 
lateral members and loads caused by transfer of the antenna. Oversizing and power distribution 
penalties are all a function of orbi transfer characteristics and consequently are chargeable to the 
orbit transfer system itself. 

Differences in crew and supply requirements delivered to LEO primarily reflect additional orbit 
keeping/attitude control propellant requirements. The key difference, however, is in the mass which 
must be delivered to GEO. 

Facility transportation requirements reflect the initial placement task as well as, in the case of the 
GEO bases (both options), that mass that must be moved to the longitude location where the next 
satellite is to be constructed. The principal difference in the two main construction bases is that the 
six crew modules in the GEO concept each have approximately 1 15 000 kg of additional mass for 
solar flare shelters. 

A most significant factor in the comparison is the difference in the number of launches required to 
support each construction location option. The number of flights indicated in Figure 3.2.4-35 are 
only those relating to the delivery of satellite components and orbit transfer provisions for the 
satellite and are for the case of constructing four satellites per y ear. As would be expected from the 
transportation requirements presented earlier, the LEO construction option requires only half as 
many Earth launches as the GEO construction option. 

Total transportation cost for the three major system elements is presented in Figure 3.2.4-36. Cost 
is related to that associated with one satellite, but reflect rates associated with four satellites per 
year. The Earth-LEO bar increments reflect the cost of getting payloads to LEO. Accordingly, the 
LEOGEO increment relates to cost of refueling orbit transfer vehicles ar.d their unit cost. In the 
case of satellite delivery, the interest increment relates to the self-power trip time of 180 days and 
the additional interest accrued. (Note: Revenue is not lost, only delayed 180 days-the same 
revenue period still exists.) 

The dominating ,ctor in this comparison is that satellite transportation with LEO construction us : ng 
self-power provides a S2 billion ( 33 % savings) over the GEO construction approach. Crew rotation* 
resi ppiv transportation cost are also S 150 million (36't) lower for the LEO construction concept 
along with a $200 million savings for the initial placement of the construction bases. 
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Figure 3.2.4-34 Transportation Requirements LEO vs GEO 



Figure 3.2.4-35 Number of HLLV Launches 
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Figure 3.2.4-36 Transportation Cost LEO vs GEO 
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3.2.5 Uncertainty Analyses 

One of the important objectives of the study was reduction of uncertainty in mass and cost for the 
SPS systems. Assessment of the attainment of this objective required a formalized uncertainty 
analysis 

Performance (efficiency in the case of SP5> and mass are the primary technical measures of uncer- 
tainty. Cost uncertainty tends to follow: there are additional cost uncertainty factors not directly 
associated with performance or mass. 

History records a dismal record of mass and cost growth in all manner of projects. Curiously, some 
of the worst cost overturn have occurred on relatively m unacne projects such as construction of 
domed stadiums. (One wonders what the cost overrun was on the Roman Colosseum.) Enough 
examples of mass growth have been collected for aerospace programs to allow some statistical 
measures to be taken. Figure 3.2.5- 1 presents a statistical prediction o." mass growth for various 
classes o. systems in aerospace systems. Included in the “new concepts” statistics are systems such 
as the Concorde SST and the Apollo lunar spacecraft, the latter are also included in the manned 
spacecraft statistics. The SPS should presumably be classed as a new concept: it can be seen that 
his'ory would suggest a probable 25% mass growth with appreciable risk Uiat much greater growth 
wc uld occur. 

Three potential types of contributors to mass growth were identified: 

• Program uncertainties, i.e., the likelihood that program requirements might change. 

• Concept uncertainties, the likelihood that the design concept will change. 

• Design uncertainties, the actual uncertainty in specific system design parameters or in mass 
estimates for given items. 

It has been a general belief that mass growth results primarily from the first two of these contributors 
rather than the third. The former, however, cannct be adequately treated by a technical uncertainty 
analyses, eg., if we knew why a program requirement would change in the future, we would change 
it now. The uncertainty analysis performed under this study considered only design uncertainties. 

It is pertinent to discuss at this point a design phenomenon often called internal escalation. Airplane 
designs are notorious for internal escalation, which goes somethin like this: A subsystem mass 
growth item increases the aircraft mass, wing area must be added to compensate, further increasing 
mass, more fuel is needed to maintain range; more wing to carry the fuel, and so forth. These effects 
are positive feedbacks that amplify the effect of any elemental mass change. Manned spacecraft 
have interna! escalation comparable to aircraft. The SPS has little of it. 
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Figure 3. 2.5-1. Pm* Program Growth Distribution 
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The uncertainty analysis methodology employed was newly developed lor the study and included 
the principal steps indicated in Figure 3. 2, 5-2. The basis for the uncertainty analyses was itemized 
estimates in the uncertainties of component performance, masses and cost. A typical example 
would be the uncertainty in solar cell efficiency and degradation. This is an example of the case 
where correlation exists betweeen the two factors: i.e., more efficient cells tend to experience some- 
what greater degradation because the greater efficiency tends to be associated with greater thickness 
and experimental data indicate thicker cells degrade more. In developing the statistics in size, mass 
and cost, these kinds of correlations were taken into account through use of a bivariate normal dis- 
tribution probability model. 

Abo providing input data to the uncertainty analyses was a conventional mass property analyses for 
the systems with estimated uncertainties in such factors as structural crippling criteria, solar cell 
thickness and turbomachinery unit masses. Additional uncertainties were developed in system costs, 
such as uncertainty in solar cell cost per unit area and uncertainties in machinery costs. These uncer- 
tainties were coupled with the cost analyses discussed later to prepare the cost statistics. Size 
statistics and mass statistics were combined to develop a joint mass/size uncertainty estimate and 
mass statistics and cost statistics were combined to generate combined cost/mass uncertainties. The 
bivariate normal distribution model was used to statistically combine the uncertainties, with recog- 
nition of correlations between component uncertainties where significant correlations were deter- 
mined to exist. 

It is a necessary and important consequence of the bivariate normal distribution model that the most 
probable value for a design parameter is the mean of the estimated extremes. The normal distribu- 
tion model is believed to be the most appropriate for this type of uncertainty analysis law of large 
numbers and all that and the assumptions inherent in it were largely' responsible for the nature of 
the results. 

The significance of the central mean characteristics is evident in Table 3.2.5- 1 . and efficiency size 
worksheet for the photovoltaic system. Note the significant difference between the most probable 
size ( 1 24 km~ ) and the nominal size ( 108 kin - ). Because of this central-mean modeling character- 
istic, the uncertainty analysis *n addition to estimating uncertainties, produced the unexpected 
result of predicting mass gr< th equivalent to that predicted by historical correlations. It had been 
b?li».-ved that mass growth was the result of unpredictable variables, e.g. changes in program require- 
ments. The outcome of this uncertainty analysis suggests that growth is more predictable than 
formerly believed and in fact results largely from the natural tendency to set point design param- 
eters on the optimistic side cf the actual uncertainty range. 

The uncertainty analyses for the photovoltaic resulted in the relative efficiency uncertainty contri- 
butions illustrated in Figure 3.2 5-3. Also shown are the statistical combinations of all energy con- 
version effects and all power transmission effects. The energy conversion effect is slightly less than 
the power transmission effect because a significant correlation between solar cell efficiency and 
radiation degradation reduces the combinou effect of these two parameters considerably below 
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Figure 3.2.S-2 Uncertainty Analyse Methodology 


149 





D1 80-22876*2 




8 


0 

>. 

u 

e 

1 

u 

T3 

C 

Ul 

6 

*7 

1 

u 

o 


o 

o 

o 

X 

a. 


ri 

c 

S 


X* 

J 

_o 

• 

5 

o 

tv 

s 

•°.8 


1 " 

r~ 

o <o 
8 « 8 

8o ? 1 

?x nx 

1 

1 


O tv 

«n -o — 

tv O O' 

o o o 

o o o o o 

r 

n — r» 

•nw 7 

o — o 

o o o o o 
• • • 

1 — 

CV V tV V x* 

OO 't «nn 

— o — tv o 

o o o o o o 

E O 

O 3 

o 

e • 

3 

IA 

LOG MEAN 

to 

n ^ N O N 
o on - o ^ 
o o co o o 

r r — ' r o 

•oSspoo 
n o o n n 
N- nO «o 
o o o o o 

i* i* r r r 

tv o — 00 
in rv »n cm 

O tO 00 — 04 

0 — 00 

r r r r 

— to cv oo 'O in 
o. o O <V O' o 
tv tv cv vi in co 
0000—0 

r r r r r r 

CV 

tv 

00 

tv 

1 

X 

< 

5 

O 

o 

—I 

0«N — 

^ ^ N 

n co <- o 't 
o o tv o 

'*•7 *' 

*n _ „ 

o ® $*> 

O O' — O' 
0 — 000 
o o o o 

•‘ i* r r 

tv CD — O 

o o o 

O ci »o — — 
0—00 

r r i* r 

«n tv tv ^ tv 

o o o o o o 
co — cv cv co tv 
o o o o o o 

r r i* r r r 

1 

z 

J 

o 

o 

—1 

o«n«no- 
0700-N 
co oo — rt ^ 
ooo — o 

r r - r v 

i 

o o co o n 
in 0 0'iov 
•j- — O O O' 
o o o o o 

i t i i « 

CO — 'O 

— o m m 
O m tv — co 
o tv o o 

i* r r «* 

CO V tv V fv CO 
rv o o m «n o 

MMN007 

— o o — tv o 

r r i* r •* r 

II 

5 

3 

5 

X 

< 

5 

*n _ 

rv ^ v 

;*> — a3 in 

O O' — o O' 

— O' — 

o. >o 0* >o 

O O' ^ 

«n 

OQ'OCOO' 
o O' 30 O* O' 


n 

o* 

o OO 

* rv 
tv 

S 

D 

s 

z 

5 

«i 

N o> co 

*0 — V O «o 
O O • — 0-0 

•o — in 

OO'OO' — 
O' O O O' o 


CON«00"0 
CO O' O' O' N O' 

to 

CO 

o 

o 

CO 

O' 

—i 

< 

z 

s 

o 

z 

in 

N 0 n -t 

o — tv tv m 
o* o • — o> O' 

o — a> v 

m o -o O' rn 
^ ^ ^ o ^ 

m m 
rv in co -o 
o O' CO O O' 

>o — 00 

Irt O) to Ui 7 N 
O' O' O' O' O0 O' 

O' 

O CO 
03 

o 

ITEM 

s 

2 xgS 

" O •" "D 

% | s 

.r m 

S o o 2 * 

(3 2 
J? S= , Z 

S «U-2 2 

E .£ s -5 g - 
f E 

3 o o g o 

if 

V o 
■8 § 

Is g 
o^< 

T o« 

-* o -J — 

t- om 
O — o c — 

o « § Zz S 
U U c. oi (fl 

— c 
Q o 

- C 

® ocv 
*.?>- 
c ° © c 

*0 “■ £ | a 

x 5 “■ ra“ 
C £ o: o — 
o 2 1 > o 

sms 

mi — , . . 

Intor-Subarray Error* 
Intra-Subarray Error* 
Atmosphere Ab;orp. 
Intercept Efficiency 
Rectcnno RF-DC 
Grid Interfacing 

w» 

li- 
£ ^ 
o — - 

3 M 

15 

a. 



So 

•rt X 

o o 


cru 


N 

■V 

o 

> 


o 

o 


o 

3 

o 


I 

O 

a* 

• 

z 


o Z 




§5 

3°. 

X < 3 § 

rt V 

N N 
M W 
CO 00 


a. a. 

$ s 

I fl 

il 


DO 

n o 


150 










































D 180-22876-2 


ohk, 


* X,H 


trtwre 

SOLAR CELL EFFICIENCY 
RADIATION DEGRADATION 
COVER UV DEGRADATION 
STRING |2R 
BUS l 2 R 

ANTENNA POWER DISTR 
DC-RF CONVERSION 
IDEAL BEAM EFF*Y 
INTER-SUBARRAY ERRORS 
INTRA-SUBARRAY ERRORS 
INTERCEPT EFF-Y 
RECTENNA RF-OC 
GRID INTERFACE 




Figure 3.2.S-3 Photovoltaic SPS Efficiency: 

Relative Uncertainty Contributions 
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and radiation degradation reduces the combined effect of these two parameters considerably below 
what a simple root sum square would indicate. The uncertainty in power transmission link efficiency 
is a principal driver on overall system mass and cost uncertainty because it influences more of the 
system than does solar blanket perfonnance. 

Figure 3. 2.5-4 compares the statistically-derived result for the photovoltaic SPS with the worst-on- 
worst and best-on-best results defined by combining all the most optimistic component uncertain- 
ties and ail the most pessimistic component performances. As increased detail is developed in this 
kind of analysis, the worst-on-worst and best-on-best extremes will continue to become further 
apart, while the statistical uncertainties will tend to change little and will approach a representation 
of true uncertainties. Significantly, the reference point design was outside the projected 3 sigma 
range for mass and size. This resulted primarily because the efficiency chain assigned to the refer- 
ence design was more optimistic than the most probable efficiency chain defined by the statistical 
analyses. 

Figure 3. 2.5-5 presents an uncertainty estimate for the thermal engine comparable to the previous 
one for the photovoltaic system. Because the technology of the thermal engine system is somewhat 
more mature, it w-ould be expected to project somewhat less mass growth and that turned out to 
be the case. An additional factor in the reduced mass growth projection is that a significant part of 
the size escalation is associated with the size of the concentrator which is a low-mass component of 
the thermal engine system. 

With costs included in the uncertainty analyses, it is necessary to discriminate between the 1 SPS per 
year case and the 4 SPS per year case For the 4 SPS per year case, an estimate was made that about 
60% of the predicted mass growth could be removed by product improvement. This is believed to be 
a reasonable assumption since most of the mass growth resulted from increased size (reduced 
efficiency) stemming from component efficiency variances. Product improvement efforts can 
improve component efficiencies without changes in the overall system design. As was true for the 
size and mass estimates, the reference design trended towards the optimistic side of the median of the 
cost uncertainties as shown in Figure 3. 2. 5-6. Consequently, one sees first a cost escalation at the 
reference design point and then a further cost growth associated with the mass growth projection. 
Note the very high correlation between cost and mass uncertainties. This corresponds to the histori- 
cal indications that cost growth is frequently associated with mass growth, and especially with the 
compensation for (or removal of) mass growth in a system when performance requirements dictate 
that mass growth be limited to predetermined values. 
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Figure 3. 2.5-4 Photovoltaic SPS Mass/Size Uncertainty Analysis Results 



Figure 3.2 .5-5 Rankine Thermal Engine Size/Mass Uncertainty Analyse Results 
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3.2.6 SPS Costs 
3.2.6. 1 General 

One of the significant areas of emphasis of current SPS studies has been system vosts, especially 
recurring (production) costs of SPS units to utilities. The present estimates of capital cost range 
from $1700 to $2700 per installed kilowatt (of useful ground output) for a modest-technology SPS 
system using silicon solar cells or potassium vapor Rankine heat engines (the latter, of course, 
employing solar concentrators). Since the installed kilowatts are baseload power rather than peaking 
or intermediate, the comparison with ground solar costs is potentially quite favorable. 

These cost estimates may seem surprising. Since it is hardly obvious that putting a power plant in 
space will do anything to reduce cost, some amplification is in order. Otherwise the critical reader 
may well be justified in considering the estimates as frivoious. 

Cost ultimately derives from the cost of materials, of energy, and of value added during production 
and installation. The SPS scores well on the first and the last of these, and on energy investment, 
scores a little better than typical nuclear systems. 

Constructed and operated in space where design loads are virtually absent, a typical 10.000 megawat 
SPS larger in area than Manhattan Island will nave a total mass of 100,000 metric tons, about the 
displacement mass of a large aircraft carrier. Over b&zc of the mass, be it a thermal engine or solar 
cell SPS, will be energy collection and conversion equipment with the balance being supporting 
structure, power transmitters, flight controls, and so forth. The energy conversion equipment pro- 
Jes several times as much output per unit area as a ground solar unit due to the continuous 
availability in space of sunlight of higher intensity. 

Our SPS designs have employed very little in the way of exotic materials and are. except for their 
large size, relatively simple. The receiving antennas are also simple designs using ordinary materials 
(mostly concrete). With the receiving antennas included, the total materials required per kilowatt 
for an SPS are very similar to those for a conventional Earth-based plant; much less than for an 
Earth-based solar plant. 

Energy 

Lifetime energy investment to produce, install and operate an SPS is less than for most energy 
alternatives e /en if the latent energy in fuel for the alternatives is not counted. The energy cost of 
rocket propellant for space transportation has been calculated to be from 200G to 4000 kw^ per 
kw e installed; therefore, the payback time for rocket propellan; is less than six months; less than 
two months if energy grade is included in the calculation. 
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Value Added 

SPS systems and their receiving antennas are primarily made of simple, highly repetitive elements: 
billions of solar cells (or hundreds of thermal engine turbomachines); hundreds of thousands ot 
standardized structural parts; tens of thousands of RF power tubes and associated circuitry'; hun- 
dreds of standardized electrical switchgear units and power processors; billions of receiver dipole 
elements on the ground receiving antenna. All of these rej etitive elements are well suited to highly 
automated mass production. This mass producibility is one of the keys to making SPS’s at accept- 
able cost. Further, assembly of the SPS structure in space provides the unique opportunity to per- 
form the assembly, even of this very large area structure, in a semi-automated production line man- 
ner. This is true because the lack of gravity and wind loads allows moving the SPS with respect to 
the assembly facility with relative ease. 

3. 2.6. 2 Cost Analysis Approach 

In view of the mass production potentials, we adopted a dual costing approach: For those items 
needed at production rates typical of aerospace products, we have used aerospace cost estimating 
practices. For those items needed at mass production rates, we have used mass production cost esti- 
mating. The relationships are illustrated in Figures 3. 2.6-1 and 3. 2.6-2. Aerospace cost experience 
follows a “learning” or improvement curve. (Most of the improvement conies from learning how to 
n.ake the production plan work. Mechanics leam quickly.) Typical experience is an 85 curve; unit 
#2N will cost 85% of unit #N. 727 jetliner production experience shows that th: type of projection 
is good well beyond the 1000th unit. Aerospace estimates are based on historical correlations of 
manhours, element physical characteristics, and complexity. They are made at the subsystem or 
subassembly level. Despite a contrary reputation, the basic estimating procedures are accurate. 
Aerospace cost variances can geneully be traced to pricing and procurement practices, and most 
significantly to requirements and design changes, rather than to inability to estimate cost. 

A mass production process is facility and equipment intensive rather than labor intensive. It docs 
not follow an aerospace-type improvement curve. Historical correlations indicate .. labor intensive- 
ness relationship as shown in Figure 3. 2. 6-2. A mass production process reaches its labor cost pla- 
teau during the process shakedown period and then improves no further unless the process is 
changed. 

The overall mature industry cost analysis methodology developed for the study is shown in Figure 
3. 2.6-3. It begins with mass estimates and system descriptions for tne reference systems. The system 
descriptions allow selection of cost estimating relationships. These are used to exercise the Boeing 
parametric cost model to generate an aerosp: a cost estimate for DDT&H and first unit cost. The 
aerospace first unit costs arc then run through a mature hntostry analysis that applies production 
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Figure 3. 2.6-2 Mature Industry: Production Rate Curve 
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rale factor according to the production rate required for each system element. The totaled mature 
industry estimates are then adjusted for interest during construction and for cost growth corres- 
ponding to mass growth as predicted by the uncertainty analyses. These provide the final produc- 
tion unit costs for l SPS per year 4 SPS » per year. 

The mature industry' costing approach was developed by Dr. Joe Gauger based on information 
developed during IR&l) analyses of design-to-cost, experienced costs for commercial aircraft and 
other systems, and statistical correlations for financial and production factors for a wide variety of 
commercial industries. It was judged to be desirable to spot-check the mature industry predictions. 
A total of five spot checks were made as indicated in Table 3. 2 . 0-1 . These included solar blankets, 
graphite composite structures, klystrons, potassium vapor turbines, and electromagnetic liquid 
potassium feed pumps. In all cases. :he mature industry projection was well within the uncertainties 
that would be expected for the kind of cost estimates being made. Based on these ex imples. we 
believe the mature industry methodology to be an appropriate cost estimating procedure for SPS 
systems. 

3.2.6 J Specific Cost Results 


The SPS cost estimates are collected according to the following high-level work breakdown 
structure: 


Solar Power Satellite 

Multiple Common Use Equipment. eg., structure 

Energy Collection System 

Energy Conversion System 

Electric Power Distribution System 

Power Transmission System 

Ground Receiving Station 
Land 

Receiving Equipment 
Power Collection & Processing 
Construction Costs 

Space Plight Operations 
Transportation 
Construction 
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Primary emphasis in the current study effort has been directed to production and installation costs. 
Future efforts will investigate maintenance costs: the very preliminary estimates that have been 
made indicate that maintenance cost contribution to electric power cost will be comparable to that 
tor conventional ground power plants. 

Volume VI of this re'HVrt presents cost estimating details and calculations. 

3.2.6 J. I Solar Power Satellite 

In the multiple common use equipment, the main structure is the principal cost driver, riiis struc- 
ture is a graphite tubular truss, with individual tubular elements roughly 0.4 meters in diameter and 
0.5 ;nm in wall thickness. These individual elements arc arranged in triangular truss beams which are 
in turn arranged in the overall SPS planar truss structure. The mass of the entire structure is about 
6 x 10^ kg. Mature industry correlations predicts'd about SoO kg for this hardware (ready to ship to 
space). Subsequent manufacturing analyses for automated production of these structural elements, 
including joints and fittings, estimated $47 to $57 per kg. 

Solar cells and blankets are the cost driver for the photovoltaic SPS energy conversion system (at 
concentration ratio I . there is no energy collection system). Solar cell costs were analyzed in three 
ways: 1 1 ) Mature industry projection ; (2) Review of manufacturer's protections: (3) Tnergy cost 
check and review of production methods. Results are summarized in Tabic 3. 2.6-2. 

Current terrestrial array costs are at about S 10 -SI 2 per watt, about a factor of about 50 above the 
projections. Current annual production is about 0.7 MW C . The production rate correlation described 
above predicts 10c watt at 5000 MW tf per year. These rate projections must be used with caution. -:s 
they will tcr.d to predict costs below material and energy costs at high rates. 


Therefore, a basic energy cost analysis was made: 


Solar cells are vc y energy intensive. Presented in Figure $.2.u ‘ are representative energy costs in 
kilowatt hours pvr kilogram of cells. The energy payback for solar ccl 1 . as a function of this energy 
cost is also sho\.n on two scales (SPS and ground applications). Pricing the energy at 40 mills per 
kilowatt hour, the actual cost of the energy is shown on the outside scale. 

The main reason Unlay 's cells are so intensive is that yields arc very poor. Most of the silicon, in 
whicn a great deal of energy is invested, ends up as waste (saw kerfs aim trimming). Continuous 
processes can probably reach a yield range of off - to SO . . making the payback very attractive. 
Tnergy cost is a basic factor in the cost of solar cells, like materials cost m building hardware If the 
energy cost is below 10 cents 'watt one might be reasonably confident that cells in the 20 cents watt 
range, made by an automated production process, would be possible, flic development of solar cell 
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Table 3. 2,6-2 Solar CeH/Blanket Costs 


( 1 ) J, Gauger's Mature Industry* Correlation 

8e to 1 7* Watt = 1 3.60 to 28.90/M 2 (Cells Only! 

= 22.00 to S37 M~ (Array Panels) 

(2) Manufacturers Estimates 

10< to 25c Watt (Cells Only) 

= 1 7.00 to 42.50/M" (Cells Only) 

= $25.00 to S50/M- (Array Panels) 

(3) Production Rate 

Today S 1 0,000,- M~ for 50 kw 

Then (17e6/50V‘* = .0017 x 10.000 (’0 ^ Curve) 

= SI7.00/M 2 

Eneigy Cost = SI7 M 2 for$34 M 2 * I SPS/YR 

(4) Denman's Estimate - S40/M- (Median) 

Average of these values is $35 M 2 « I SPS YR: use $25 M 2 for 4 SPS/YR 



YIELD KC SOLAR CELLS PER 

ICC SEMICONDUCTOR GRADE SILICON 


Figure 3. 2. 6-4 Energy Costs and Payback for Silicon Solar Celia 
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production technology is a competition between the existing technology and potential new tech- 
nologies (Figure 3.2.6-S). Although the existing technology of growing single crystal boules and 
sawing them into wafers seems ill-suited to low cost production, an analogy to the internal combus- 
tion engine may exist. Although the IC engine seems ill-suited to propelling an automobile, the 
“more logical'' technologies have never caught up. Similarly, improvements in sawing techniques 
(such as 0.1 MM saws) currently being introduced, and automation of the process may keep the 
C/ochralski process competitive for longer than is often supposed. 

Because of the uncertainty and controversy regarding solar blanket cost projections, the sensitivity 
of the photovoltaic system to solar blanket cost is important. Shown in I igure 3. 2.6-0 are the study 
median projections for one SPS per year ana four SPSs per year compared to the Department of 
Energy 1985 goal and Department of Energy post-1990 projections. Influence on SPS total system 
cost is shown for each case. Also shown arc the comparative thermal engine system costs which 
indicate at what point an increase in solar blanket cost would motivate a change to the thermal 
engine system. This change occurs long before an unacceptable cost level is reached. 


If solar cells exceed ZOc watt by very much (an upper limit is probably 30f/watt). the cost advan- 
tages of thermal engine energy conversion become compelling. SPS thermal engines were costed 
based on similar equipment presently in production, such as aircraft jet engines. Turbomachine cost 
estimates were provided by General Electric. The (henna! engine system includes additional hard- 
ware in the concentrator, thermal cavity absorber, and waste heat radiators. The cost data base for 
this type of hardware is comparatively strong. 

Considerable engineering effort was invested in power distribution analysis since large amounts of 
power are to be handled and power distribution mass 'cost/efticience optimization is important. 
Power distribution system elements were found to be well within the state of the art and the cost 
not very significant. 


The dominating cost driver in the power transmission system was found to be the ?0 kly- 

strons. of which nearly 200.000 are needed. A detailed manufacturing co»! estimate was developed 
by Varian under subcontract, confirming a mature industry correlation estimate of about $3000 per 
tube. Varian's results are a function of production rate as show n in Figure 3. 2.0-7. The rir, ,ica' 
size of this klystron is about 0.2 m diameter by 1 m length. 

3.2.6.3.2 Ground Receiving Station 

Surprisingly, the ground receiving station has been subject to larger variances in cost projection than 
the flight hardware. 
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Figure 3. 2.6- 5 Silicon Solar Ceil Manufacture 
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Figure 3.2.6-6 Photovoltaic Preference is Sensitive to Solar Blanket Costs 
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Figure 3.2.6-7 Unit Klystron Cost vs Manufacturing Rate for Large Volume Manufacture 
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Until recently, receiving antenna (rectenna) costs had received comparatively little attention. 
Because it was a pound system, it was taken for granted that it would not exhibit a very significant 
cost. However, the receiving antenna covers a lot of ground area, 50 to 100 km“, and therefore is 
more important than was thought. 

The most detailed study of the rectenna has been by the Raytheon Company. They have devel- 
oped a design for the basic dipole-diode-filter element that is well suited for automated manufactur- 
ing and have evolved a semi-automated rectenna construction procedure as illustrated in Figure 
3.2.6-8. Raytheon’s current cost estimates are approximately S 1 2.00 p r square meter. A more 
probable median estimate was also constructed at $2 1 .00 per square meter of ground area. If the 
receiving antenna is made large enough to fill the entire main beam, rectenna costs are a major cost 
contributor to system costs as shown in the rectenna cost comparison chart. Figure 3. 2.6-9. 

The outer part of the beam, however, is very low in intensity. The energy in this part of the beam 
costs more to collect than it is worth. Accordingly, a rectenna size optimization is possible, as illus- 
trated in Figure 3. 2.6-10. The final estimate for the optimal rectenna is summarized in Table 3. 2.6-3. 

3. 2.6 .3 .3 Space Flight Operations 

As a principal issue regarding SPS cos.s, space flight operations costs have received particularly care- 
ful attention. 

Transportation Cost 

For the most part, aerospace estimating techniques have been used for transportation cost as the 
production rate for vehicles is not large enough for mass production costs to be applicable. Costs 
are accrued in three primary' and roughly equal categories: amortization of fleet investment plus 
expendable hardware costs; operations direct and indirect labor costs: and propellant ti e., energy) 
costs. 

Minimization of fleet investment requires the development of completely reusable launch vehicles. 
This must be traded against the development investment required to achieve the reusability. In ear- 
lier programs, the traffic projections have never justified the development expense. The space shut- 
tle. for example, provides an approximately optim.zed level of reusability for its projected traffic 
level. The large traffic projections for a commercialized SPS. however, thoroughly justify a com- 
pletely reusable space freighter. This is not so much new technology as it is a new market. (Engi- 
neering development of the SPS can be accomplished using the Shuttle. The new vehicle is needed 
for commercialization.) 

Operations direct and indirect labor costs for SPS transportation were estimated based on detailed 
manpower requirements analyses for all task categories: these in turn were derived from Space Shut- 
tle operations plans. Difference factors appropriate to differences in vehicle design, size and launch 
rate were applied. 
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Figure .1.2. 6*8 Artists’ concept of a moving rteimm factory. 

Materials brought in at one end of factory are 
basic ingredients to high speed automated 
manufacture and assemble of rectenna panels 
which flow continuously from other end of 
factory . Panels are placed on footings also 
placed in the ground b\ the moving factory. 
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Table 3. 2.6-3 Rectenna Nominal Cost Estimate (° I SPS/Yr 


BEAM DIAMETER 13 KM 

RECTENNA INTERCEPT DIAMETER 9.36 KM 
RECTENNA GROUND AREA ! 05 KM 2 

RECTENNA PANEL AREA 68.8 KM 2 

TOTAL CONTROLLED AREA 

(LAND AQUIS) 204 KM 2 = 50.400 ACRE'S 


WBS 

ITEM 

ESTIMATING FACTOR 

NUMBER 

COST/MILLIONS 

1.02 





1.02.00 

Mult/Common 




1.02.00.01 

Land 

55,000/ Acre Acquis & Prep 

50.400 Acres 

252 

1.02.00.02 

Prim Structure 

S10/M 2 

68.8 KM 2 

688 

1.02.00.03 

Control 

51,000/Subunit 

500 Subunits 

0.5 

1.02.00.04 

Commun 



50 

1.02.01 

Energy Coll/Conv 




1.02.01.00 

Support Str/ 

Gnd Plane 

S3/M 2 

68.8 KM 2 

206 

1.02.01.01 

Dipole/Diode/ 

Filter Units 

0.08 Ea <6 70 CM 2 /Element 

0.983 x 10 10 

787 

1.02.02 

Power Distr. Sys. 




1.02.02.01 

Busses 

Satellite Value 


7 

1.02.02.02 

Processors 

S50/KWe 

4.65 x 10 6 KWe 233 


2,223 


= 4,446 for 2 Rectennas 
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Energy costs can be accurately calculated from propellant quantities deter . d by flight perform- 
ance analyses. As noted earlier, the energy cost is 2000 to 4000 kw t |, per SPS kw e installed 
Thermal energy from synthetic fuels has been estimated to be as expensive as 2yVhwh fll : ,ut the 
turn of the century. (OPEC oil is presently about half of that.) At 2^/kwhj^ the wo,. e energy 
cost is S80/kw e . 

Total transportation cost estimates are shown in Figure 3. 2. 6-1 1 , in terms of cost per flight, for the 
winged launch vehicle. These figures represent about S20,/kg to low Earth orbit: $45 to $80/kg to 
geosynchronous orbit, or $450 to $800 per kw e for SPS installation (propellant costs used in the 
figure include amortization of propellant production and handling facilities). Two modes of trans- 
port from low orbit to geosynchronous orbit were evaluated. Solar-electric self-propulsion yields 
the lower of the two figures: the higher figure is associated with the use of convention: ! rockets all 
the way to geosynchronous orbit. 

Cost per flight analyses used the work breakdown structure shown in Table 3. 2. 6-4. This structure 
is patterned after the shuttle user charge cost analyses but includes two principal differences: 

( 1 ) Because the large traffic model will wear out many vehicles, the production of nicies and their 
spares is amortized in the cost per flight; (2) Production rates ’cquired will demand . .eral shipseis 
of tooling. The tooling required to achieve the required r .ics is also amortized against cost per 
fligi.i 

Since vehicle production is the most important component of space transportation costs, it is 
important to compare the estimates to other similar systems. Shown in Figure 3. 2. 6-1 2 are costs in 
terms of dollars per pound for several aerospace vehicles including commercial aircraft end launch 
vehicles, as well as the c Jculated costs for the second .tage and first stage of the winged launch 
vehicle systems. All costs here are expressed as the average costs over 300 units with learning curves 
applied as appropriate, flic commercial aircraft are similar in complexity to the k ..Ji vehicles, 
but a significantly smaller fraction of the overall investment is in propulsion. The S-IC Saturn 
booster stage is comparable in complexity to the first stage of the w ing-wing ' chicle. Shuttle costs 
are seen to be somewhat higher than would be expected from the cost estimates here. 

Tlie main cost difference between the shuttle orbiter and the SPS vehicles is that shuttle production 
uses prototyp moling. Historical data shows manufacturing with prototype tooling to be 1‘: times 
as expensive is with production tooling. However, even if shuttle unit costs were used, the cost of 
payload transportation would be increased less than $2/lb. 

Manpower cost estimates for conducting the SPS transportation operations were made on a detailed 
task/timeline/headcount basis including all indirect and direct tasks. The estimates are summarized 
in Figure 3.2.6-13 They were derived from analogies and extensions of the cost estimating base 
used to derive space shuttle user charges. In this illustration they are comp; 'u with the manpower 
requirements and fleet sizes for major domestic airlines. The level of over: . operations is seen not 
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Figu’^ 3.2 6-1 1 LEO Transportation Costs for 14 Year Program at 4 Satellites/ Y ear 
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to be beyond the experience of commercial aerospace vehicle operators today and the fleet size 
active at any one time is very small by comparison to commercial airline operations. Hie vehicles, 
of course, are larger, but even if the left-hand bar is scaled according to vehicle size, the comparison 
of manpower and fleet size between the SPS operations and commercial airlines indicates the man- 
power allocations for SPS transportation to be quite generous. 

Propellant costs are energy costs and. therefore, are of considerable significance in SPS transporta- 
tion costs. At the left side of Figure 3.2.6-14 are shown the propellant mass and cost distributions 
for the SPS vehicles. On the right hand side, the SPS propellant cost estimates used are compared 
with more recent data arrived from Boeing and JSC studies of large-scale propellant cost production. 
Significantly, the propellant cosi estimates used were higher than the more recent estimates except 
in the case of RP-1 , where the cost was commensurate with production of RP-I from oil. In the 
timeframe considered, it may be necessary to use synthetic hydrocarbons produced from coal. This 
might increase the RP-I cost significantly, but the RP-1 cost contribution to overall propellants was 
relatively small and this low estimate is more than compensated by the higher estimates for the 
other two propellants. Further, if synthetic piopellants are employed, a synthetic hydrocarbon 
such as methane or propane can be produced at lower cost then a synthetic heavy hydrocarbon, 
such as RP- 1 . 

The cost ner flight for the heavy lift la ich vehicle is dependent upon annual launch rate, being 
lower at high launch rates. Actual cost for the SPS systems used the parametric cost per flight data 
shown in Figure 3.2.6-15. Values ranged from about 13 million dollars per flight for the one SPS 
per year case with LEO construction to about l l /i million dollars per flight for the four SPS per year 
case with GEO construction. 

Construction 

Construction costs have two primary parts: cost of supporting the crew in space and amortization 
of the instruction facilities in space. Crew su^ort costs have been estimated based on the use of a 
modified shuttle for crew transportation. Tnis is conservative in that a mote advanced vehicle might 
profitably be used, and in that the s;atinj capacity was very conservatively estimated at 75 people 
(an airline interior in the shuttle cargo bay would easily seat over 100 people). Construction f icility 
and construction equipment must also be amortized into SPS costs. 

3.2.6.4 Cost Results Summary 

The costs described are summarized in Table 3. 2.6-5 and shown in bar chart fashion in Figure 3.2.2- 
3.2.2-16. Costing details are presented in Volume VI of this report. 

Lie bar chart shows results for eight combinat'ons of energy conversion system, production rate, 
ana ‘ Onstruction location. The silicon photovoltaic system has a modest cost advantage over the 
thermal engine and low Earth orbit construction has a significant cost advantage over geosynchro- 
nous construction. The most important cost change occurs with the production rale increase from 
1 SPS per year early in the program, to 4 SPS's per year in a more mature operation. Prinem „i cost 
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Table 3.2.6- 5 Cost Summary 



Silicon ! 

tiotovoltaic 

Rankine Thermal Engine f 
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Figure 3.2.6-16 Production Cost Results Summary 
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reductions with system maturity occur in SPS hardware production, space transportation, and 
projected product improvement. The lowest capital cost is achieved with the silicon photovoltaic 
system at 4 SPS’s per year with LEO construction. The figure is approximately S 1 .700 per kilowatt 
electric including interest during construction and projected growth. Still lower figures might be 
projected for advanced systems, such as thin film gallium arsenide. 

Achievement of the projected silicon photovoltaic costs is critically dependent on the development 
of a satisfactory mass production technology for single crystal silicon solar cells and blankets. This 
mass production technology may require continuous growth processe... but as discussed earlier, 
recent indications of improvements in the technology presently used for ,-olar cell manufacture, 
indicate that automation of this technology may provide greater cost reduction than commonly 
supposed. 

The construction time of two years is quite different than the typical terrestrial figure of 8-1 2 years. 
This is because building an SPS ^ a production line operation. Detailed timelines support a period 
slightly less than two years from beginning to fill the pipeline v uh SPS parts to beginning of power 
transmission from space. 

The entire process of acquisition of an SPS by a utility would probably take longer. The process of 
acquisition otland for the receiving site would involve basically the same steps as are required for 
any other kind of power plant and would undoubtedly take just as long. But essentially all the con- 
struction costs are associated with the SPS hardware and space flight operations: this major invest- 
ment need not begin until about t'* o years befor. the plant is to go on line. 

3.2.6. 5 Cost of Electric Power 

The bottom line lor an SPS system is its capability to produce power at an acceptable cost. The 
result shown in Figure 3.2.6- 1 7 represents the final result of the costing and uncertainty analyses. 
Uncertainties for bush ,r power costs include the uncertainties in unit costs as well as uncertainties 
in the appropriate capital charge factor to be applied and the plant factor at which the SPS can 
operate, t ,'ital charge factors from 12-18 percent were considered and the plant factor uncer- 
tainty was taken as 70'^-dO'r at one SPS per year and 85^-95 r ; for four SPS's per year. These 
uncertainties were statistically combined with the cost uncertainties derived the cost uncertainty 
analyses. 

A study of energy and power costs conducted on IR&D provided the projection of increases in elec- 
trical power costs illustrated as the left-1, md band of Figure 3.2.6-18. Results from this study are 
plotted as the right-hand hand. This indicates that even with a relatively vigorous program to 
develop solar power satellites, by the time production installations could begin, th*' SPS's would be 
competitive with alternative energy sources. 
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Figure 3. 2.6-1 8 Projections Indicate SPS Power will be Economically Attractive 
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3.2.6.6 Nonrecurring Costs 

An estimate was made of the nonrecurring costs required to construct the first SPS. In order to 
accomplish this estimate, it was necessary to invoke certain programmatic assumptions. These do 
not represent conclusions or recommendations as to how an SPS program should be conducted. 
There are of course many possible program options; no systematic analysis and comparison has been 
conducted. The assumptions for nonrecurring cost were; 

o After a technology verification program, involving ground and flight programs but no new 
space vehicles, development of the 10.000 megawatt SPS. and its associated systems begins. 

o The production capacity initially developed is sized for a production rate of one SPS per year. 

Figure 3.2.6-19 shows an estimate through the first photovoltaic SPS for LEO construction. 
(Figures for GEO would be slightly higher. ) The cost for the initial SPS was derived by deleting 
that part of costs for 1 SPS/year associated with amortization of facilities and vehicles to avoid 
double bookkeeping, and applying a 1.5 prototype factor to the balance. The thermal engine total 
was also estimated and is about $8 billion higher, primarily due to the more expensive construction 
bases. 

Note that the cost of SPS development as such is a small portion of the total. Most of the costs are 
associated with establishing the 10.000 megawatts per year production capability and with develop- 
ment of the associated space flight operations systems. The number 1 SPS itself is also a large cost 
item. 
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Figure 3.2.6-19. Total Costs Through trl SPS Photovoltaic System 
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4.0 TECHNOLOGY VERIFICATION NEEDS 

Establishment of firm designs, performance levels, cost expectations, development requirements, 
and environmental acceptability, depends on the achievable characteristics of several critical tech- 
nologies. Although overall success of SPS development is possible over a range of performance of 
these technologies, establishment of specific attainable performance levels is important to establish- 
ment of designs and system specifications. Accordingly, technology verification can presently be 
regarded as a key schedule constraint for potential availability of SPS-derived energy. Because of 
this importance of technology verification, detailed recommendations have been developed: 

4.1 GROUND-BASED (NON-FLIGHT) TECHNOLOGY VERIFICATIONS 

General areas include energy conversion, materials, structures, electrical systems, RF systems, flight 
control, space transportation, space construction operations, and space environment effects. 

Energy Conversion 

If sufficiently low costs can be achieved, so.'ar cells are preferred for energy conversion. Recom- 
mended solar blanket technology efforts include automated cell production by conventional and 
novel means, automated blanket assembly, development of prototype blanket element designs, rad- 
iation effects investigations and solar cell annealing, high voltage array operation, and advanced 
solar blanket (e.g.. gallium arsenide) development. 

These technology developments will confirm solar cell and blanket design parameters, performance 
and production methods and increase confidence in costs, providing a sufficient knowledge base to 
allow preparation of solar blanket hardware design specifications appropriate to an SPS program. 
Recommended funding in the first yeai is 2.5 million with aggregate over a five year program of 
16 million. 

Until near-term low cost production of photovoltaic solar blankets is assured, it is prudent to carry 
a backup technology' program for the thermal engine energy conversion option Recommended 
efforts include engine design studies and critical component testing, automated space welding/ 
brazing techniques, solar concentrator model testing, meteoroid penetration testing, zero-g heat 
transfer investigations, and lightweight generatoi technology development. Most of these techno- 
logy areas are applicable to SPS design and development even if thermal engine SPS's are never 
built. 

These activities will establish design parameters, subsystem performance, and provide a sufficient 
knowledge base to allow preparation of thermal engine and other design specifications appropriate 
to an SPS program. Recommended funding in the first year is 2.5 million and the aggregate over 
five years is 16 million. Given early success in the photovoltaics effort, the thermal engine techno- 
logy effort could be reduced in scope. 
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Materia's 

Materials testing and development are recommended in the areas of plastics and composites, life and 
properties in the space environment, bonding and fastening techniques for space construction, 
inoderate-to-high temperatures composites, thermal control and other coatings, and special-purpose 
alloy development. 

These technology items are required for selection of materials, setting of allowable stresses and 
other design conditions, and detailing of space assembly processes, appropriate to achievement of 
SPS designs suitable for 30 to 100 years' operating life. Recommended funding in the lirst year is 
1.5 million and the aggregate over five years is 10 million. 

Structures 

Fabrication and tests of representative structural elements and joining devices should be conducted 
to establish confidence in prediction methods for structural strength and dynamics for these thin 
gage lightweight structural elements. Tests and analyses are also needed to improve predictions of 
structural thermal response and precision in the operating environment. Achievement of very small 
structural responses to thermal fluctuations can greatly simplify SPS design, especially in the power 
transmitter. Recommended binding in the first year is 0.75 million: the aggregate over live years is 
8.75 million. 

Electrical Systems 

Electrical systems technology items include fast switchgear and components for Rl amplifier arc 
suppression, high efficiency lightweight power processors (about I5'v of the SPS onboard power 
requires processing), conductors, high-temperature semiconductors, high-power slip rings and light- 
weight electric power storage. These activities are needed to select and establish electrical power 
distributions and processing design parameters and to permit preparation of design specifications. 
Recommended funding in the first year is 1.5 million, the aggiegate over five years is I 2 million. 

RF Systems 

The power transi ,,; ssion system is at the h-art of the SPS system. Its performance and operating 
characteristics are critical to establishment of the overall system design parameters as well as cost 
estimates. The design of the power transmitter requires integration of interacting structural, elec- 
trical. RF. thermal control, and llight control parameters. Although there is considcrahl ■ design 
flexibility in the RF system in terms of altering design parameters to adapt to component /subsys- 
tem performance level, successful operation of a design, once the parameters are set. is dependent 
on achieving specified component/subsystem performances. Therefore, technology verification in 
this area is particularly important. 

Specific items include development of laboratory prototype Rl amplifier tubes, phase control cir- 
cuitry. and antenna subarray hardware, leading to a prototype integrated subarray, supplemented by 
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ionosphere heating tests, radio frequency interference testing and design standards development, 
exploratory development of high efficiency, high temperature solid state amplifiers, and develop- 
ment of receiving antenna elements. The recommended verification program will provide the know- 
ledge base for subsystem/component specifications and for selecting system design parameters. 
Recommended funding in the first year is 6 million dollars; the aggregate over five years is 37 
million. 

Flight Control Systems 

A development effort on theorv, algorithms, and software is needed to add confidence to the tech- 
niques appropriate to control of the large, flexible SPS spacecraft. A small effort on sensors is also 
appropriate. Recommended funding in the first year is 0.5 million, with an aggregate of 4 million 
over the five-year period. 

Space Transportation 

Achieving projected low costs for space transportation is important to economic attractiveness of 
SPS power. Studies have verified, to the extent possible by study, these low costs. Key technology 
verification needs include zero-g propellant transfer, a new booster engine, high-power electric pro- 
pulsion, fully reusable (e.g., watercooled) launch vehicle heat shields, oxygen/hydrogen-fueled auxil- 
iary propulsion, and on-orbit servicing of vehicles. (The recommended work on the last item invol- 
ves design studies for checkout, maintenance, and hardware changeout equipment and techniques.) 
The booster engine will be the schedule limiter for the advanced launch vehicle system Upper 
stages can use the Space Shuttle Main Engine. The recommended technology effort will support the 
initiation of development of the low-cost transportation system. Recommended tirst-year funding 
is 4 million with a five-year total of 36 million 

Space Construction 

Construction of SPS's will involve the operation of a final assembly factory in space. Critical tech- 
nologies include automated fabrication of space structures, closed life-support systems, means of 
in s : tu structure integrity verification, docking and berthing of large space systems, development of 
construction operator accommodations and provisions, and construction base onboard logistics sys- 
tems. These activities will provide technology verification support development of construction 
bases and their equpinent inventory. Recommended first-year funding is 3 miiiion and the five-year 
aggregate is 22.5 million. 

Space Environment 

A modes; study and analysis effort to improve knowledge and predictability of space environment 
effects is needed. Included are meteoroid, plasma and fields, and energetic radiation. Recommen- 
ded first-year funding is 2 million for a five-year total of 1 1 million. 
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Totals 

The total ground based technology verification program is summarized in Table 4-1. The first-year 
total is about 25 million with a five-year total of 1 70 million. Table 4-2 presents a more detailed 
description of the specific recommended technology items Priorities indicated have the following 
meanings: 

(1) Very important to an SPS program decision. 

(21 Could probably be accommodated within a development effort, but precursor technology 
program would significantly reduce risk. 

(3) These technology items would support development of advanced SPS’s with improved perfor- 
mance and reduced cost. Their leverage is great enough to merit early technology eftorts. 

4 2 FLIGHT TEST TECHNOLOGY VERIFICATION 

The recommended flight program is presented below. It includes an interferometer spacecraft 
experiment, shuttle sortie flights, and :• solar power technology demonstrator in the power range 
250 kw to 1000 kw. constructed and tended in low Earth orbit by the space shuttle. Costs for this 
program are less well defined; estimated totals are 50 to 100 million for the interferometer space- 
craft. 675 million for shuttle sorties and 2. 1 billion for the solar power demonstrator including 
design, development, launches, construction, and the complete experiment program. 

Fabrication Tests 

Objective Demonstrate in the space environment all critical fabrication processes to be used in the 
space construction of SPS’s. 

Specific Tests 

• Structure (beam) fabricators 

• Mechanical fastening 

• f usion welding and brazing 

• l Itrasonic welding ol composites 

• Bonding 

implementation Shuttle sortie (lights. 

Environment 

Objective Improve definition of space environmental fact rs impo-tant to SPS construction, opera- 
tion. and life. 

Specific Tests 

• Metals, plastics, and composites outg- ,ing and properties changes under representative SPS 
conditions. 
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Table 4-1 SPS S Year Technology Development Plan* 


YU AS 

TECHNOLOGY AREA 1 

0 SOLA? CELLS 2.5 

0 THERMAL ENGINES 1 The lAL SYSTEMS 2.S 

0 MICROWAVE POWER TRANSMISSION SYSTEM 6.0 

0 SPACE STRUCTURES 0.75 

0 MATERIALS 1.5 

0 FLIGHT CONTROL SYSTEMS 0.5 

C CONSTRUCTION SYSTEMS 3.0 

a TRANSPORTATION SYSTFMS 4.5 

0 POWER DISTRIBUTION ANO CONTROLS 1 .5 

0 SPACE ENVIRONMENTAL FACTORS 2.0 

TOTALS 24.75 


• Does not Include any required space testing 
Funding In millions of dollars 


2 

3 

4 

5 

TOTAL 

3.6 

3.85 

3.7 

2.6 

16.25 

3.5 

3.75 

3.5 

2.5 

15.75 

7.5 

8.75 

8.5 

6.5 

37.25 

2.0 

2.2 

2.0 

1.8 

8. 13 

2.0 

2.5 

2.0 

2.0 

10.0 

0.8 

1.0 

0.9 

0.8 

4.0 

4.0 

4.5 

5-5 

5.5 

22.5 

7 5 

8.75 

7.5 

7.5 

35.75 

2.0 

2.5 

3.5 

2.5 

12.0 

2.6 

2.45 

2.2 

2 .0 

11.25 

35.50 

40.25 

39.3 

33.7 

173.5 


Table 4-2 Recommended Technology Studies 


ARtA 


IMPORTANCE 


SOLAP CEILS 

0 Continuous Growth 
Processing (Work 
With EROA Program) 

3 Autof'died Slanxet 
Assembly 


Solar Cell costs arc a significant SPS tost driver. Col! efficiency 
has the greatest effect on SPS s jc of any .dentified parameter. 


SPS site (approx. 100 square k.'eneters) requires large quantity 
of cell biar’et. Automation required to achieve iow cost and high 
production. 


o Prototype Blanket Dev. Materials coih'utitil i ty in space er.viron-ent must Pe identified. 

Radiation degradation and annealing must be quantified. 


o Radiation E fleets 1 
Annealing 


Radiation Effects are the largest identified Photovoltaic $PS 
performance degradation parameter. Annealing offers me’ hod of 
recovery from radiation degradation. 


o High Voltage Arrays High voltage array design data is lacking Voltage regulation at the 
with Voltage Sw*-hi>,q a-ray level simplifies power processing requirements . 

& Regulation 


o Thin-Pilm GaAs hells The use of GaAs soia- ..d's offers the ootent'a! for sign* ficantlv 

reducing SI'S size and mass. Gallium reserve, are finite. Thin-film 
ct'ls reduce Gallium usage 

TOTAL 


SUGGESTED 

annual 

FUNDING 

JIM 1 


JIM I 


S3.25M 1 


SO . 25M 1 


SO. 2 EM 1 

SP . SM 3 
S3.25M 
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Table 4-2 


im-rnmn 


PAGE * 
0* POOR QUALITY 


Titsmi tiftiKs t tkwsh ststes 


o Engine Betti. Design 
Studies > Critical 

Cn v pon en t Testing 


the developwr.t of tttnal twjito with B year ♦ life it required. 
Sysu* rt&aitt it strongly affected 0 / peak cycle t cnpe r.tare. 


a Automated or Se-i- large Bustlers of f ly i d light joints are required, automated pipe welders 
htaaM Pipe wl*rs uill pntij increase construction rate Mi Sect He ethical construction 
for Spuce Use personnel requirements 

a Hi -Volume Production T/E SPS radiators require huge quantities of heat pipes. Problem stellar 
hf Hist Pipes to P/t sslar cell production. 


a Concentrator Test 

Steels 


A change is concentrator efficiency of !t affects S' S site by 1 T 
Concentrator test ociels uill provide performance data scalable 
to St’S sit*. 


0 ft.. ceroid Penetration T/E S?S contain large areas of pressurized piping far which meteoroid 
listing penetration protection is required. Techniques far weigtt minimization 

of neteoroid penetrat? os protection require testing. 


o Ceramic teat 
E ir hangers 

a lere 6 Neat frans ? er 


a Generators 


Success f ul devel opm e n t of a ceramic heat eteargtr technology would allot 
raising gas cycle terperatures to 1 book, resulting in reduced eass and 
(•creased efficiency. 

Assessment of me disturbing forces resul ting fro* a variety Of heat 
transfer dentes operating over a range of heat transfer conditions is 
required. 

Development of highly efficient, 1 lghtueigkt, ge ne rators required to 
Minimize generator and radiation cooling system mass. 


MTEtiAlS 


a Plastics i Ccvoosites 
life » Properties in 
Space Envirparant 


tadiation degrit ion effects on thir-fil* reflectors and coraosite 
strsetwes ispact SPS site and mass. Effects an B year life last be 
ascertained. 


a Banding 1 Fastening 
Processes for Space 
Use 


typical bonding and fastening processes (S required for applications 
ranging from basic structural elements to thin sheet almina 
conductors 


0 High Temperature 
Compos t tes 


The ?PTS antenna requires an evtremely stable flat surface over a variety 
of t hemal conditions including various sun angles ate ecliptic response:. 


O Tftersal Centre’ 1 
Other Coatings 


The coEpatibil ity of thermal control' surfaces with a space plasai/ 
charging er.* i ronEer.t is net known. Applications range frgn sheet 
conductors to heat pipes. 


• Alloy Development 


STBucmaES 


Present peak cycle tficrual eng’** temperatures are limited by available 
allpys. height reduction can be effected by increasing peak cycle 
temperature . 


o Design Allowables ate 
Practices for Space 
Structures 


Current tcchno'e® «T.st be aivanced to provide capability for analysis 
of eUstic-slastic stresses in a cample* stress field for thin gouge 
metals and composites. Building block element technology is required. 


Joints A Fasteners 


Candidate jeining ate fastening techniques applicable to SPS construction 
must be developed and analyzed for strenght, electrical conductance and/ 
or Oder properties. 


Structural Response 
t Precision Uteer 
Operating Env con- 
tents 


Correlation 1$ required for analysis ate test results of SPS structure 
to the operating environment including loads, ecliptic response, sun 
angle variation, etc. 
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Table 4-2 Comtmm ed 



ELECTRICAL - ((ml 1 SfKt) 

• tet WWpir tTystron MSI wtWnt<« and WI«t mticttM requires very fast a.sa j 

I Caqwnn switch year tpmtia to ymw dwage to tots. 


iqw tffitiwt. 
Ltjpitoeight i 
Processors 1 


Hw r a kuttly IS* of all SPS pow reqoires processing: fraenun 
are a aajor SfS weight it aa. EffkiW processors will reduce p ower 
pe we ra t low pad radiator mss. 


tm e 


• tola Flh Sheet 
Ca ad actars 


tola flla sheet caadactars optimize conductor mss in the space 
earl raft - data ba.e needs developing for installation teenniqaes. 
theraal control , and response to induced loads. 


S8.2SM 2 


• difl Tctocratare Radiators far SB poaer processors are rery large dae to teweratune SO. 291 3 

(pqaeats linits #f silicon semiconductors. Qerel o pm ent of galliam arse-.ide sad- 

condactors will a1>«M for hither terperat are operation with a con- 
csnltant radiator site reduction. 


i Matjr Joints 


a ^ • meed flee trie 
• _.er Storage 


g sfsnig 


high current transfer at hith roltage repaired across rotanr joint, 
•rash/slip ring cotoinatians required, design for 30 year life. 


Storage of large quantities of energr Is re qu ired for periods of 
occalatatlon and Maintenance. luprovewnt In specific weight I'd 
charge/dtschargr cycle life would nsfucr *?$ miss. 

731*1. 


0 Prototype Klystron 

a. efficiency, wise. 
I general p erf orm - 


Klystron efficiency is directly proportional to $PS sire. Large quantities 
required per S>'S Long life required to minimize maintenance. Integral 
cooling sinpliffes WTS therwl control. 


ance 

h- Heat-pl»e cool fng 
:. Production leduolagr 


0 Awl i Irons - Sane (Same at Klystron done) 

0 Phase Control Itrthods The total phase control system will be couple* and sophisticated. Phase 
L Circuitry incl. control affects both Ole antenna steering and propagation pattern, 

tests 


o Environmental Effects Present linits on RF power densit} is based on theoretical ionosphere 

lom cohere heatina P« tin 9 H*its. «Fi iwacls on global c (ram i cat ions and navigation 

. spnere ng S }St« and radio astronomy are not well defined. These interactions 
1 wst be assessed. 


10.291 1 

10.291 3 




I2T1 I 


S2N 1 

IT .91 1 

HH l 


a Subarray Hardware 

a. Waveguides- toler- 
ances ( losses 
l. Overall precision 
e. Mr. Techniques 


Waveguide efficiencies directly affect SPS size. Tolerances are eutrenely 
snail in order to achieve good patterns. Manufacturing techniques aist 
be developed for either earth or space fabrication of antenna seo-arrays. 


o Hi-tenp. Hi-Eff'y 
•5 is lor RF top. 


Transistorized RF-OC converters offer an attractive alternate to klystrons 
and a^litrons particularly with regard to service life since cathode 
erosion is not a problem with solid state devices. 


a •' senna Elements The reef emu is a major SPS cost element. Rectanoa elemerts 

(diodes, filters, dipoles, cts.J =st he mass produced at low cost while 
retaining performance characteristics of present lab hardware. 


S1.5M j 


».15M 3 

».3M 2 


TOTAL 


17.491 
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m a 


MromaoKun s /c 


man comm ststebs 

• theory. Algorithms. 
I Software 


• h ewn 


TMoytymior . 

• Propellant Transfer 


• Booster Engines 


e Space Engine 
(eulning program 

Is adequate) 

O Electric Propulsion 

Thrusters 
Processors 
Fit. Control 

• Advanced neat Shields 


e Residuals Util tbit'on 




e Or- orb it servicing 


COKSTaUCTlffl 

e Automated 
Fabrication of 
Structure 


e Closed life 

Support Systems 


O structure Integrity 
Kerlfieation 


o targe System 
Docking 


0 Construction Operator 
Provisions (Cam, 
Controls, Displays, 
ISS) 

o On-Base Transportation 


Table 4-2 ContiMed 

iwooTJwa 


Many questions with regard to PPT5 perforvwnce c.n be answered using $'.« • 

an interferometer spacecraft. Some iteae are ionospheric effects. (peak) 

phase control atmospheric perturbations, antenna steering, and 
aecbaaica! tolerances. 


SbGCrSftD 

aipsjm. 

FtJSOlhG 


Attitude control of the SPS will require filtering the rations caused SD.«1 t 

by the Flexibility of the ruin spacecraft. The initial tools for 
incorporating a realistic flexible nodel into the flight control system 
•wst be developed. 

Hi* accuracy, long life sensors are required for attitude reference of S0.4H 2 

large. fleviO Is spacecraft. Antenna pointing requirements inpose 

extremely accurate correlation of SPS ami rectenna locations. 

tom so.tH 

SPS leo-Geo orbit transfer schemes (sel f-poered COTlf. or P0TY1 SO. Jin I 

require propelljnt transfer from HUH to orbit transfrr vehicles. 

Propellant transfer effects and techniques for large scale operations 
aust be determined. 

In order to raxiei.-e payload and efniaiye recurring costs, advances are VX * 

required in areas of spec i fie irawise improvement, weight reduction. 

and service ’i fe. Tran- locution costs are major Si'S satellite cost driver. 

(Same as Booster Enrines above) *** ** * * 


Significant p\. load and performance benefits accrue through use of »>is 
technology fur application in LE3-GE0 orbit transfer and SfS station keep i ng . 


S 1 H 
SC. 191 

The development of re-usable space transportation system will require the SO.yi 

use of lightweight heat shields capable of eultiple flights in order to 
lower recurring costs. 

For single-stage- to-orbit and the upper stage of wlti-stage transportation $0,291 
vehicles, propellant residua! allowance is directly related to payload. 

the use of only two consufJble propellants will simplify orbital operations. S3.S31 
The use of aonoprooel lants for APS adds another propellant plus a pressuri- 
sing medium. 

The development of operations scenarios aust be established for orbital $0,531 

based launch complexes. Check-out. maintenance. engine changeout 

techniques, etc. aust be established. 

TOTAL $7,191 

The Area of the S?S is appro* irately 100 sOuare kilometers. $2?1 


Construction requires auto-ated fabrication of all elements to the 
ful’est extent passible. Seduction of transportation cost requires 
test payload densities exceed those achievable with pre- fabricated 
Or deployable structures. 


Closed cycle life suoport systeas wilt reduce the quantity of J2H 

consumables replenishment thereby reducing construction costs. The 
use of expendables rather than regenerable systems for long duration 
missions result in high logistics costs. 

Concepts must be developed to verify or "proof test" large scale $0.5* 

light weight structural elements or "building blocks" used in SPS 
System structural design. 

A concept for SPS construction proposes modular construction of the $0.91 

SPS with docking and attachment of large nodules, module' rust be 
maneuvered into position and attached. The concept allows smaller 
construction bases. 

Oevelc. .nent of construction techniques with remote operators will S1H 

influence SPS design. Remote operator controls, displays, and life 
support systems must be designed for both manufacturing and quality 
assurance. 

large scale construction base operations require the movement of large J0.5M 


quantities of construction materials, equipment, and personnel between 
warehousing and hotels and work areas On the construction base.. 


1 

2 

2 

2 


1 


l 


2 


1 


2 


2 


2 


188 


total 


si. 


5M 


IMICtJTr 



D 1 80-22876-2 


ORIGINAL PAGE & 
OF POOR QUAUTX 


Table 4-2 Coo timed 


smccstes 

MAUtL 

m± itwmua. fuwiac 

VKI twn osHm 


• Effects SPS Mlir coll arrays. thermal control surfaces. power distribution SO.SM 1 

system, end otter elements contain * largo ma*er of dielectric 
materials in the space environment. there is evidence of adverse 
Interactions of these materials with the space/plasma environment. 


o Meteoroid 
Envi ronmen t 
Model 

Imroveaent 


the site of th. SPS makes it vulnerable to neteoroid damage. The S0.2SH 1 

meteoroid model needs lvprovement to better predict neteoroid damage, 
assess protection requi resents . .or determine preferential orientations 
available to ainiaize collision probability. 


• Radiation 
Enviro nm e n t 
Definition. 
Effects. I 
Shielding 


SOS systen elements are susceptable to rediat<on damage. Solar cells SIM 2 

and reflecting neurones suffer loss of performance when evposed to 
radiation. Radiation effects on personnel have been investigated. 

SOS operational and construction radiation environment require better 
definition in order that proper protection can be p rovi de d to sensitive 
Items and personnel. 
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Implementation Shuttle sorties and geosynchronous ' >ng duration exposure facility ( LDF.F). The 
latter could be placed at GFO by an IUS and samples later retiieved by a manned GFO sortie when 
the latter capability is developed. 

• Space plasma and radiation environments emphasis on better definition of low to moderate 
energy radiation environments and plasma effects. 

Implementation Measurements aboard suitable spacecraft, bxisting programs such as SC’ATHA 
and ISBE can provide much of the needed information. 

• RF/mkrowave propagation -Signal-power-level simulation of power transmitter beam steering 
and phase control over actual geosynchronous range. 

Impfemenution-Shuttlc/IUS-launchcd geosynchronous microwave interferometer spacecraft. The 
spacecraft concept is shown in Figure 4-1. RF transponders on the boom tips would simulate the 
large aperture of the power transmitter. The transponders would be synchronized and phase con- 
trolkd by methods being tested for power transmitter application. Ground measurements of the 
interference patterns produced by the interferometer transponders would determine the perfor- 
mance of the phase control techniques. 

SPS Power Generation and Power Transmission 

Objective- Demonstrate critical technology applications and operation in *he space environment. 
Specific Tests 

• Power generation operate large solar arrays at moderate to high voltage. 

• Power transmission up erate prototype klystron modules in space conditions. Test open and 
closed envelope tubes. Measure and assess RF arcing problems in evacuated waveguides under 
various temperature and outgassing conditions. 


• Electric propulsion test high power 100 kvv) thrusters. Measure thruster plasma solar array 
interactions. 

• Space-based solar cell annealing tests. 

Implementation- 

Initial Shuttle sortie (lights. 

Final Large Power Module: Up to 1000 kw of solar-electric power at LEO. 

(Thermal environment tests may require operation of up to nine 70 kvv klystron modules requiring 
about kw e .l Array voltage switchable up to 3000 volts. "Test bench” configuration to allow con- 
duct of various power generation, power transmission and propulsion tests. 

Annealing tests could be preceded by electric-propelled LPM sortie into lower van Allen belts with 
return to 450-500 km orbit for tests. 
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LPM test program primarily automated with support by periodic shuttle sortie flights. 
The total ground and flight program is summarized in Figure 4-2. 


3 

V 



1 DECISION TO START SPACE TESTING 

V 


2 DECISION TO COMMIT TO POWER MOOULE DEMONSTRATION 

V 

3 DECISION TO BEGIN SPS PROGRAM 

V 


Figure 4-2 The Verification Phase: First Step to SPS 
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5.0 DISCUSSION OF SPS PLANNING ISSUES 

This section presents a discussion of the SPS planning issues that were appended to the NASA State- 
ment of Work for the SPS System Definition Study. 

A. Subprogram Area: Systems Definition 

SPS Objective— Define the candidate Solar Power Satellite (SPS) systems which are capable of 
supplying a significant portion of the future United States electrical energy requirements at costs 
equal to or less than alternative nondepleting sources. 

( 1 ) What is the mass, acquisition cost, operating cost, and reliability of a SPS network built 
utilizing the technology available now, in 1980, 1985. and 1990, respectively? 

Answer 

This study emphasized the definition of SPS systems utilizing base technology generally avail- 
able now to 1980. Several areas of technology verification and refinement were identified as 
discussed in Section 4 of this volume. Also discussed in Section 3.2.6 of this volume are the 
masses, acquisition cost, operating cost, and availability estimates. The principal technology 
advancements expected to become available in the next 10 years that would significantly influ- 
ence SPS mass and cost are those in advanced photovoltaics, such as thin film gallium arsenide. 
An advanced high efficiency, thin-film photovoltaic technology could reduce system cost by 
10 to 1 5 %. It should be noted that the greatest cost leverages appear to be in the development 
of production and operations technologies appropriate to large scale installation of SPS’s. It 
is believed that these technologies will mature as a result of the development and deployment 
of SPS systems. 

(2) What is the confidence level of each of the technology forecast utilized in answering the 
first question? What are the impacts upon basic feasibility and costs of over or under 
estimation of the figures of merit of each parameter of the technology forecasts? Which 
of those forecasts may be in error without significant impact? 

Answer 

Confidence levels were addresed by the uncertainty analyses. Relative significances of the 
uncertainties and elemental technologies were discussed as a part of the uncertainty analyses 
discussion in Secfion 3.2.5 of this volume. Power transmission system link efficiency, space 
operations cost, and receiving antenna costs, appear to have the greatest leverage on overall 
system cost and feasibility. Sensitivity of the SPS’s to solar cell cost was less than suspected. 
This sensitivity is discussed in Section 3.1.3. 
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(3) What is the expected change in each candidate SPS concepts’ mass and cost characteris- 
tics as a multiple-decade program matures? Can ongoing research and development be 
applied to improve the characteristics of the later satellites and their ground complex? 
What is the extent of improvement given a R&D activity parallel to operational deploy- 
ment constrained only by talent and facilities? What fraction of this unconstrained R&D 
effort appears to be cost effective? In what areas should the effort be concentrated? 

Answer 

Expected changes in the candidate SPS concepts, mass and cost characteristics during the early 
to middle parts of an SPS program were discussed under the cost analyses section of this vol- 
ume. The nature of the SPS system is such that continuing research and development will be 
highly effective in accomplishing product improvement and cost reduction. Detailed analyses 
of parallel product improvement programs were not conducted. Again, the major leverages 
appear to be in powe r transmission link efficiency, space operations costs, and receiving 
antenna costs. 

(4) Are there natural limits to growth of an SPS network? What present or planned activities 
of terrestrial society might be adversely impacted by placement of such a network? How 
may these impacts be ameliorated? 

Answer 

Limits to the growth of an SPS network appear to be sufficiently far removed to be of little 
practical interest at this time. Numbers of satellites greater than 1.000 would certainly be fea- 
sible. Sociological impact analyses were beyond the scope of this study.; 

(5) What are the alternative paths which might be pursued in establishing an SPS network? 
W'hat are the details of the technology advancement phase, prerequisite to commitment 
to large scale experimental satellites? When must major decisions be reached in order to 
begin commercial power generation ( 1000 MW or more) by 1988? by 1992? by 1996? 
What are the issues to be resolved in order for each major decision to be reached? What 
are the criteria for proceeding? For stopping? 

Answer 

Alternative paths were not investigated. The technology verification phase was specifically 
characterized and is described in Section 4 of this document. The minimum length of a pro- 
gram reaching commercial power generation appears to be 1 2 to 1 5 years. Development of the 
basic space operations technology could occur in about the length of time required to accom- 
plish the manned lunar landing, that is. roughly 8 years. However, once this technology is 
operational, about 4 years would be required to establish the construction base in space and 
construct the first SPS. The technology verification plan addressed the technical issues to be 
resolved; other issues such as environmental and sociological impact were outside the scope of 
this study. 
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(6) What management, ownership and responsibility structure is suitable for each phase of an 
SPS program? What involvement is appropriate of non-government groups in the conduct 
of each phase? Are there issues which require intergovernmental activity? 

Answer 

This question was not investigated. 

(7) What are the favorable and adverse impacts to society which may be consequent to a 
technology advancement phase of an SPS program? Of a pilot plant or demonstrator unit? 
Of a small network? Of the limiting case (or very large) network? How may these 
impacts be handled to maximize benefits, minimize pcnaliies and permit progress to 
continue? 

Answer 

This question was not investigated. 

B. Subprogram Area: Microwave Energy Technology 

SPS Objective-To transmit 5 x 10^ kw over a distance of 3.6 x 10“* km by means of a pilot-signal 
steered phased array antenna at an overall DC-DC efficiency of 65-70%. 

(1 ) What performance characteristics of key components including DC-RF converter noise 
and efficiency and rectenna efficiency were assumed in the system studies? Are these 
attainable? What technology is needed to meet system requirements? 

Answer 

Performance characteristics of the components are discussed in brief in Section 3.2.1 of this 
volume and in detail in Volume 4. Detailed study of the critical performance characteristics 
indicated little doubt that these characteristics could be obtained by the technology verifica- 
tion program discussed in Section 4 of this volume. 

(2) Can an adaptive phase control system that electronically positions the microwave beam to 
within one arc-second be realized? What technology is required? 

Answer 

Several approaches to adaptive phase control have been identified by the various studies. Two 
of these are discussed in some detail in volume 4. Study results indicate that the desired per- 
formance can be achieved by appropriate application of existing base technology. The per- 
formance requirements, however, are demanding and a technology verification effort is needed 
to confirm predictions and techniques. 
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(3) What candidate antenna waveguide and structural materials were assumed in the system 
studies? Can these materials satisfy the mechanical and thermal constraints, including 
thermal cycling? What technology is needed to meet the requirements? 

Answer 

Graphite composites were assumed because they can satisfy the constraints and requirements. 
The graphite composite waveguides would be metal plated on the inside to reduce losses. This 
information is discussed in more detail in Volume 4. 

(4) What are the mechanical tolerances that can be maintained in the fabrication of 10-20 
meter long, thin-walled waveguides? 

Answer 

Mechanical tolerances am discussed in detail in Volume 4 with an analysis of the errors result- 
ing from the various mechanical tolerances. These errors were included in the link efficiency 
analyses. 

(5) What antenna structural configurations and subarray segmenting techniques will satisfy 
the requirement of maintaining mechanical alignment to several mm over the one km 
diameter array? 

Answer 

Structural configurations for the antenna are discussed in Volume 4. These appear to be ade- 
quate to meet the mechanical alignment needs. Mechanical alignment to several millimeters is 
not literally required since electronic phase control can compensate for large-scale mechanical 
error. The principal tolerance and precision requirements are at the subarray level. The radi- 
ating face of the subarray for example, must be flat to within a few millimeters and it is highly 
desirable to have an overall antenna configuration that is relatively unaffected by thermal 
changes. 

(6) What are the effects of the interaction of GEO plasma, ionosphere plasma and the Earth's 
atmosphere on a 5 to 10 gigawatt power beam and the pilot steering beam? 

Answer 

This question was not investigated. An experimental program is needed to define these inter- 
actions. Such experimental programs are discussed under the technology verification section 
of this volume. 
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C. Subprogram Area: Environmental Effects 

SPS Objective-Assure acceptable impacts on the ground, in the atmosphere, and in space, when 
steadily delivering 500-2000 GW of electric power to the ground by microwave beams that originate 
from 100-200 satellite power stations located in geosynchronous orbit. 

( 1 ) What types of vehicles and propellants did the system studies assume for launch to low 
Earth orbit, operations there, transfer from LEO to GEO. and stationkeeping, attitude 
control, and operations in GEO? What types of emissions are produced by these vehicles 
using these propellants? For a system of 100-200 power satellites, each delivering 5-10 
GW of power on the ground, what total mass of exhaust pollutants and chemical reaction 
products per year are produced on the ground, in the atmosphere, and in space during (a) 
buildup of the system, and (b) steady operation? 

Answer 

Transportation system characteristics, propellants, types of emissions, and quantities of 
emissions are discussed in Volume 5 of Part 1 of this study and Volume 5 of Part 2. 

(2) What microwave frequency was assumed in the system studies for power transmission to 
the ground? What analyses and experiments are needed to assess potential interference 
(RFI) with other users of the radio frequency spectrum? 

Answer 

The microwave frequency is 2.45 gigahertz. Analyses and experiments required are discussed 
in the teennology verification section of this document. 

(3) What power density levels and distributions in the microwave beam did the system studies 
assume (a) at the transmitting antenna, and (b) at the rectenna on the ground? What are 
the power densities during beam passage through the ionosphere? What analyses and 
experiments are needed to assess the effects on the ionosphere of 1 . 100, and 200 such 
microwave beams? That analyses and experiments are needed to estimate the microwave 
field on the ground near to and far from the rectenna due to taper of the main beam and 
due to the sidelobes. for a system of 100-200 satellite power stations and total ground 
power leveis of 500-2000 GW? How can the impact on man be assessed due to (a) acute 
exposure to the main beam and (b) chronic exposure to low intensity microwave fields? 
How can long term ecological effects be assessed? 

Answer 

Power density level at the transmitter was no greater than 23 kw/m" because of thermal limita- 
tions. At the receiving antenna on the ground the peak beam intensity was limited to 23 mw/ 
cm". Ionosphere densities are essentially the same as the ground level densities. Limited 
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information on ionosphere effects of these beams can be obtained by ground based ionosphere 
heating tests. Analysis of farfield microwave intensities for multiple satellite systems were not 
investigated. These fields can be predicted by analysis and further investigation is needed. 
Environmental impacts were outside the scope of this study. 

(4) If the rectenna is 85-90 percent efficient. 10-15 percent of the energy in the beam may be 
released as waste heat. What analyses and experiments are needed to assess potential heat 
island effects, flora and fauna impacts, and potential land utilization? 

Answer 

Heat release from the receiving antenna was not investigated by this study, t A heat release 
analysis was performed by JSC and effects were estimated to be negligible.) 

D. Subprogram Area Space Structures 

SPS Objective- Very large area, minimum weight, controllable structures configured for construc- 
tion in space. 

( 1 ) What candidate structural materials are candidates for the system studies? Can these 
materials satisfy the lifetime requirements and mechanical and thermal constraints, 
including thermal cycling? 

Answer 

I he primary structural material assumed was graphite composite because of its indicated abil- 
ity to satisfy mechanical and thermal constraints including thermal cycling. Additional 
information on the lifetime of tins material in the space environment is needed. This can be 
obtained by appropriate technology verification activities as recommended in Section 4 of this 
volume. 

(?) What structural configurations will satisfy the conflicting requirements of minimizing 
weight while maximizing rigidity? 

Answer 

Tubular truss structures can meet these requirements. Various means of producing tubular 
truss structures have been investigated and appear feasible. 

(3) What is the feasibility and cost-effectiveness of manufacturing structural modules in 
space? 
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The packaging density of these structures is so Iff* ts to make necessary either assembly of the 
anictuKS from nested dements, or production of these structures by structure fabrication 
devices commonly called “beam machines.'' Either approach appears to be feasible and cost 
effective. 

(4» What thermal control problems are present in SPS structures? How can thermal control 
he provided? 

Answer 

The best ’hernial control approach is to utilize a structural material that is insensitive to 
thermal changes. 

<51 What is tlx optimum balance between earth and sr.:ce assembly operations? 

Answer 

A complete analysis of this question was not made. The answer appears to be that earth 
assembly is preferred to the extent it can be accommodated while still operating the space 
transportation system in a mass limited mode. The cost of volume-limited launches is so great 
that space assembly operations are probably preferable. This places a considerable premium 
on large volume payload bays for launch vehicles, 

(6) What structural configurations, consistent with mechanical and thermal requirements, are 
adaptable to automated assembly in space? 

Vnswer 

A number of structural configurations were investigated ami all were adaptable to automated 
assembly in spree. Hither continuously-formed beans or assembled beams nude of nestable 
elements are feasible. 

E. Subprogram Area: Power Conversion ( Including power processing & distribut ion I 

SPS Objective Multi-gigawatt power conversion systems, configured for assembly in space and 
designed for 30-year life, with a very low mass per unit area and a cost of several hundred dollars 
per kilowatt. 

( I » What performance characteristics of key power conversion components and subsystems 
were assumed in the system studies? Arc these characteristics attainable? What tech- 
nology is required? 
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Answer 

Performance characteristics «f !he lower conversion components are discussed in this volume, 
in Volume 3 and in Volume 6. These characteristics were determined to he attainable by the 
technology verifkratio i program described in Section 4 of this volume. 

t 'I What overall performance characteristics of candidate power conversion systems have 
been assumed in the SI*:, system studies? What technology is needed to achieve such 
overall performance? 


Answer 

CXerall performance characteristics arc siimlariy described. 

(.1 1 Which of the candidate power conversion systems is most attractive for this application 
from the viewpoints of perfonnance. feasibility, reliability and ec*st? 

Answer 

The power conversion s\ stem that presently sc-enis to be most attractive is single cry stal silicon 
photovoltaic, as discussed in this volume. 

HI Wfijt are the design tradeoffs rei|uiretl to accommodate f igh voltage/plasma interactions 
and electrical charging of large' struc tures in geosynchronous orbit? 

Answer 

This question was not specifically addressed. IX-sign procedures to accommodate electrical 
charging appear to be available and basically consist of making the entire sy stem sufficiently 
coHi..ictive to avoid cwessice charge* differential buildups. 

<5 > What is the optimum balance between earth and space assembly operations? 

Answer 

Hie answer was given under question 5 of the previous subprogram area. 

U>> How can power transfer lx- accomplished across the power system antenna interface? 

Answer 

An electrical rotary joint employing slip ring technology is well within the state of the art. 

I he slip ring design is discussed in Volume 3 of this report. 

( ? I How can the power tum-on. turn-off transients best be handled in the switching, circuit 
protection and voltage regulation areas? 
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Systems were designed to handle these transients by incorporating switch gear and circuit 
breakers in the power collection system and in the power processing and regulation system on 
the transmitting antennas. 

(8) What are acceptable techniques for power collection, regulation, switching and protection 
which satisfy the rectcnna/load interface requirements? 

Avan 

The designs developed for power collection, regulation, switching, and protection satisfy the 
rectenna and load interface requirements as presently understood- These ate discussed in 
Volume 3. 

F. Subprogram Area: Attitude Control and Stationkeeping 

SPS Objective— (a) Siationkeep and mechanically point a I -km diameter microwave transmitting 
antenna to within ±1 minute of arc in geosynchronous orbit, lb) Stationkeep and mechanically 
point a very large solar array to within 1 1 degree of arc in geosynchronous mbit, (c) Stationkeep 
and attitude control the structures during assembly, anti control them during orbit transfer. 

(I > What types of control devices (e.g.. ion thrusters) did the system studies investigate? 
What performance levels were assumed for the devices? Should alternate types of devices 
and performance levels be evaluated? Are the assumed or alternate devices available? Is 
technology advancement required? Are the technology requirements affected by: 

(a) the structure characteristics (rigidity or flexibility, integral modular construction, 
inertia, vibrational modes)? 

(b) thermal deformations of the structure during steady state and during the transients 
arising from short period orbits in LEO and recurrent eclipses in GEO? 

(c) steady, pulsed, or commanded operational modes? 

(d) the 30-year lifetime requirement of the satellite? 

(e) the need to minimize pollutant emission? 

(0 the need to minimize system weight? 

(g) other factors? 

Answer 

The principal control device investigated was ion thrusters for the overall SPS configuration. 
The accumulated momenta appeared to be too large for practical momentum exchange 
devices. Magnetic torquing is conceivable but might be unreliable in the variable magnetic 
environment at geosynchronous orbit. Momentum exchange devices appear to be entirely 
practical for aiming the antenna and can be unloaded by applying torque to the antenna from 
the SPS. The momentum unloading then is accomplished by the ion thrusters on the SPS 
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itself. The principal area of technology advance required is scaling up of existing ion thrusters 
to larger si/e and developing the high power processors. Control system analyses indicated 
that simple control techniques and software are adequate, that the structural dynamics can be 
n aintained at a high enough frequency so that they do not intermix with control responses. Ion 
thiuster ISP's wen.' selected in order .0 minimize weight. Because of the long system lifetime. 

•* is expected that maintenance of the attitude control system will be required. An additional 
factor is the need to establish control authority and correct the satellite attitude in an instance 
where control has been temporarily lost and the satellite is not sun-facing. Under such a circum- 
stance. a backup chemical thmst system is needed and was included in the sy stem definition, 
definition. 

( 2) What types of data sensing, data proc?ssing. and device actuation and control systems did 
the satellite system studies postulate? What performance levels were assumed? Should 
alternate data sensing, processing, actuation, and device control systems, and performance 
levels be investigated? Are the assumed or alternate systems available? Is technology 
advancement required? Are the technology requirements affected by: 
tal requirements on response times and accuracies? 

<b) automated response requirement? 

tel sensor and electronic interface with the antenna phase front control system? 

(di other factors? 

Answer 

Analysis of data sensing was confined primarily to measurement lists. The nature of the lists 
does not indicate any serious problem in meeting the requirements by the data processing 
capabilities presently under development. 

<3) W'hat requirements exist on satellite tracking and data acquisition? What technology 
advancements are needed? 


Answer 

Satellite orbit maintenance should be based on determination of the satellite ephemeiis by the 
interaction of the satellite and its ground station in order to minimize requirements on 
separate tracking networks. No unusual data acquisition needs were identified except for the 
potential total processing load requirements resulting from many satellites being in place. 
Again, most of this requirement should be handled between each satellite and its ground sta- 
tion to minimize need for separate networks. 

(4) What requirements for materials and structure technology are implied? 

Answer 

No specific requirements were identified other than those identified by other investigations. 
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G. Subprogram Area: Transportation 

SPS Objective-Transportation of all goods and personnel necessary to construct and emplace an 
operational space power station network at the least possible total program cost. Preliminary analy- 
ses indicate that transportation costs in the SSO to S20/Kg range may be achieved. The former tar- 
get cost is needed if the SPS mass is near the upper bounds of the preliminary estimates while the 
latter cost may be acceptable for the lighter weight SPS concepts. 

(I) HLLV 

(a) What are the expected RDT4E and TFU costs of candidate HLLV configurations 
ranging in size from 1 SO to 1 000 metric tons of payload per launch? 

(b) What are the expected recovery and refurbishment costs of the vehicle stages ( 1 or 
2) comprising each cnadk’ate HLLV concept? Comparison of winged and ballistic 
recovery, water and land touchdown, and flyback or ground traverse of stages. 

(c) What are the anticipated personnel staff sizes required for each concept to perform 
pre-launch and launch ground operations, mission planning, flight control and sup- 
port (including sustaining engineering)? How do these manpower levels vary with 
launch rates consistent with the placement of 100 x 103 to 2500 x 10^ metric tons 
per year into LEO? 

(d) What are the facility acquisition and operational costs to support the flux rate of fc)? 

(e) WTiat are the propellant requirements of the candidate HLLV's to fulfill (c). includ- 
ing those fluids consumed at the launch site but not launched? What is the energy 
budget to produce these fluids in the quantities required? What are the environ- 
mental impacts of their expenditure in the biosphere, including pre-launch, launch 
and entry/ recovery /sen icing mission phases? 

(f) What requirements are placed upon the national material resource/ refining/ ground 
transportation structure to acquire and operate the fleet of HLLV’s for the SPS 
program? Can material conservation/substitution programs reduce dependence upon 
scarce or imported resources? 

(g) What new/innovative technology may be developed. for use in the 1990-2025 inter- 
val (may be several stages, time phased) to enhance the cost-effectiveness or decrease 
any adverse effects of the launch activity of (c>? 

(h) What are the consequent costs per flight and costs/kg of payload of the candidate 
concepts as a function of size and launch rate? What confidence is present in these 
estimates? What graceful fallback positions are available for each area capable of 
jeopardizing either prog- ;m technical success or cost targets? 

Answer 

All of these questions are addressed in Volume 5 of Part 1 and Part 2 of the study, respec- 
tively, with the exception of item (g). New technology was not specifically addressed, but one 
area of significant contribution would be an advanced space shuttle for personnel 
transportation. 
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(2) OTV Independently-powered 

(a) V. nat are the expected RDT&E and TFU (Theoretical First Unit) costs of candidate 
independent cargo OTV’s ranging in size from 250 to 1000 metric tons of payload 
delivered to GFO from LEO? 

(b) To what extent can reflight preparation be accomplished in LEO? What are the 
facility/manpower/material requirements necessary to achieve reflight? 

(c) How many reflights may be accomplished with each candidate OTV? What changes 
in reflight costs and mission-completion reliability accn.e as the vehicle approaches 
end-of-life? What is to be the disposition of units which have completed their serv- 
ice life? 

(d) What are the sizes of the staffs required in LEO and on Earth to support the cargo 
OTV operations (see Ic). How do these manpower levels and costs vary with annual 
payload to GEO over the ranee of 40 x l(P to 1 50 x 10^ metric tons per year? 

How do the LEO facility requirements change over this same range? 

(e) What operational issues emerge consequent to the orbital transfer operations over 
the range of 2d. above? Launch windows, communication rendezvous and docking 
requirements, abort, safety, mission planning and control. LEO inventory manage- 
ment all require consideration and development of the associated costs. 

<fl What technical issues emerge for propellant handling and conservation in LEO? Is 
new technology required or advantageous? What losses may be anticipated of the 
fluids delivered to LEO? 

(g) What requirements are placed upon the national material resource/retming/ground 
transportation structure to acquire and operate the fleet of HLLV's for the SPS pro 
gram? Can material conservation/substitution programs reduce dependence upon 
scarce or imported resources? 

(h> What new /innovative technology may he developed for use in the lridO-2025 inter- 
val (may be several stages, time phased) to enhance the cost-effectiveness or decrease 
any adverse effects of the launch activity of < 1 Xcl. 

<il What are the presently-expected performance/cost/refurbishment parameters of 
candidate electrical propulsion thrusters, power conditioners, and power sources? 
Confidence? 

Answer 

This question is addressed by Volumes 4 and 5 of Part l of the study and Volume 5 of 

Part 2. 

(3) OTV Dependent Upon SPS Power 

(a) What requirements does the OTV impose upon the SPS (or power producing mod- 
ules thereof) to permit utilization of the available electrical power for the LEO-GF.O 
transit? Power conditioning, distribution, storage, control, attitude control, struct- 
ural response and other requirements must be addressed. 
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(b) What are the developments and unit costs associated with thrusters, dedicated power 
conditioners, propellant supply and avionic systems if the units are to be: 

< I ) Expended 

(2) Remain with the SPS and serve as the attitude/orbit maintenance subsystem 

(3) Recovered to LEO for reuse 

(c) What is necessary to perform the mission from LEO. considering earth occupation? 
Departure time, date, inclination altitude and thruster system thrust decay power- 
off all interact. 

(d) Same series of staff level/facility questions as other vehicles. 

(e) Same series of propeilant/environmentai impact question as others. 

Answer 

This question is addressed by Volume 5 of Part I and Part 2 of the study. Staff levels 
were not specifically addressed. The space construction facility in low Earth orbit 
includes capability to install the thrusting system. 

(4) Personnel Launch Vehicle 

(a) What can he done to configure the space shuttle orbiter as a personnel launch vehi- 
cle? How many passengers? How soon can the shuttle system mature sufficiently to 
permit this use? At what cost? Is a dedicated orbiter or mission-bit approach 
preferred? 

<b) What new concepts (SSTO. new shuttle boosters, etc.) compete with the shuttle for 
this role? What are the cost trade-offs vs. level of activity and time - ’ 

(c) What are the inter-project interfaces with the space evaluation facility (space station) 
and the PLV? Inter-project issues include safety, rescues, rendezvous docking, etc. 

Answer 

Item (a) The space shuttle orbiter in a personnel launch vehicle configuration was dis- 
cussed in Volume 5 of Part I of the study. A passenger capacity of 75 was assumed. It is 
indicated that a dedicated orbiter would be the preferred approach. Items (b) and (c) 
under Question 4 were not specifically addressed. Several other studies have addressed 
new concepts that may compete with the shuttle in this role. 

( 5 ) Personnel OTV 

(a) What are the candidate configurations, their technical characteristics and program- 
matic factors? Can the personnel compartment be the same unit as the personnel 
compartment of the PLV? 

(b) What are the abort and mission safety considerations? 

Answer 

Item (a) is addressed in Volume 5 of Part ! of the study; Item (b) is addressed in VoE me 
4 of Part 1 of the study. 
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H. Subprogram Area: Operations 

SPS Objective-Achieve the construction in orbit, placement and activation, and maintain the pro- 
ductive capability for 30 years or more, of an operational space power station network in a manner 
that assures reliable power availability to the ground network at minimum cost to the power 
consumer. 

( I ) What are the consiniction/assembly/activation/maintenance tasks to be considered for 
LEO and GEO performance? 

( 2) What are the required input of man-hours to perform these tasks? IV A ’ EVA'.’ Ground 
support? 

( 3) What facilities arc required at the construction site to perform the tasks? 

( 4) What tools/equipmenf/consumahles are required? 

( 5) W ! hat is the potential for malfunction/ accident during construction? Recovery/work 
around/salvage? 

t 6) What costs are involved in 2. 3, and 4? 

t 7) What is the potential for manufacturing SPS components and subassemblies in orbit more 
productively than on Earth? Crystals, thin film, solid state electronic devices, structural 
and reflector elements, etc.? 

( 8) What are the staffing requirements in orbit and on Earth .or representative SPS constnie- 
tion/operations scenario for: 

(a) LEO construction? 
tbi GEO construction? 

(cl LEO construction of modules assembled deployed at GFO? 

( l >) W'hut are the operational considerations of the large manned orbital activities? 

(a) Personnel support in orbit 

(b) Personnel support on Earth 

(c) Communications and data handling 

<dl Natural and induced environments and protection 

(e) Induced effects upon the SPS under construction due to operations in orbit? Upon 
the biosphere? 

(0 Mission and career constraints upon personnel due to radiation and other factors 
typical career progression (c.g.. what to do with live year men!.’ 
tg) Training/simulation/ccrtification/annual check for personnel 
(h I Costs of aP of the above 

( 10) What provisions must be made for receipt and disbursement of supplies, expendables, 
tools, etc. W'hut facility and staff implications arc inherent to the large-scale logistics 
tasks? 

( I ! ) What provisions are necessary for mobility of personnel, equipment, and construction 
elements? Arc these provisions consistent with the work schedule 'day-night cycle/SPS 
vulnerability (to rocket exhausts, torques, etc.)? 
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1 12) What will be the data traffic in orbit local and remote how handled'.’ 

(13) What are the key elements of the orbital operations process of the mature SPS which 
must be developed/demonstrated/ refined by bartl' -orbital precursor projects? How do 
the shuttle, extended duration (up to 180 days) spacelab. space station, pilot plant con- 
tribute to help meet these needs? W'hat funding is needed to support these fcarth-orhital 
precursor projects? 

(14) What ground operations are associated with the rectenna? What operations are needed at 
the interface with the user? 

Answer 

Most of the questions under operations are addressed by Volume 3 of Part 1 of the study and 
Volume 5 of Part 2. The following were specifically not addressed: Question 5. Question ", 
Question d.e, Question 9.f. Question d.g. Additional work is recommended on Questions 10 
and 1 1. Question 12 was not addressed. Question 13 is addressed under the technology ver- 
ification program discussed in Section 4 of this volume. Question 14 was not addressed. 

I. Subprogram Area: Orbital Technology Verification 

SPS Objective— To assure dependable, long-lived operation in the space environment, at viable 

energy costs to the user. 

Pertinent questions derive from the need to operate in the space environment, which has character- 
istics that include the following. 

(a) Gravity fields of low magnitudes, significant gradients 

(b) Low absolute pressure, low sink temperature 

(c) Radiation (particles, photons, ioni/ing. non-ionizing) 

(d) Low density plasma 

(e) Meteoroids 

(0 Perturbing t rces and torques (in addition to the gravity effects) on I arth orbiting bodies 

(g) Periodic occultation of sun by Larth, when viewed by an Harth orbiting body 

( 1 ) That are the impacts of these (and other relevant) properties of the space environment on 
SPS design in the nine SPS subprogram areas.’ Which of these effects can be verified 
only in space and not on the ground? 

(2) What technology advancements are needed relative to the effects that can be verified only 
in space? 

(3) W'hat is the impact of the (space-verifiable) effects on the costs of system development 
and operations? 

Answer 

The orbital technology verification program is included in the technology verification pro- 
grams described under Section 4 of this volume. 


207 



